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tions of motion, stability, and piloting requirements are
discussed. Helicopter flight controls, handling qualities,
and associated specifications are reviewed. Analytical,
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generic simulation is also conducted. This thesis is
intended to be used as a resource document for a helicopter
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I . INTRODUCTION
A. HELICOPTER CONTROLLABILITY DEFINED
Helicopter controllability refers to the ability of the
pilot to fly a series of defined flight maneuvers required
for a specific mission. The minimum time it takes to com-
plete the flight maneuver profiles is a measure of the
helicopter's agility . Helicopter maneuverability determines
how closely the aircraft can follow rapidly varying flight
profiles. The number and magnitude of tracking errors made
in following the specified flight profiles is indicative of
the precision with which the helicopter can be flown. The
pilot effort expended in achieving the desired control is a
measure of pilot workload . Ideally, the desired controlla-
bility can be achieved with minimum pilot workload. Both
aircraft controllability and pilot workload will depend on
the specific helicopter configuration, specific mission or
task, and environmental conditions. Control of the helicop-
ter will be a function of basic aircraft flying qualities
and performance, level of augmentation, level of displays,
task, environment, and pilot skill. For a given helicopter
configuration the mission may require precise control of
parameters like airspeed, altitude, and heading. Control may
be required under visual meteorological conditions (VMC)
or under instrument meteorological conditions (IMC) under
calm or turbulent atmospheric conditions, as illustrated in
Table 1-1.
TABLE 1-1










HIGH < > LOW
SKILL LEVEL
HIGH < > LOW
AUGMENTATION
HIGH < > LOW
DISPLAYS
HIGH < > LOW
CALM < > TURBULENT
DAY < > NIGHT
VMC < > IMC
EASY < > DIFFICULT
LOW < > HIGH
GOOD < > BAD
TASK ACCOMPLISHED YES OR NO
II. BACKGROUND
A. HELICOPTER DEVELOPHENT IN THE UNITED STATES
Man has always dreamed of soaring like the eagle and
hovering like the hummingbird. It was not until the begin-
ning of the twentieth century that science and technology in
the United States progressed to the point where these dreams
could become reality. The first Wright brothers flight at
Kitty Hawk, North Carolina, on December 17, 1903, ushered in
the era of fixed-wing flight. Development of these "conven-
tional" aircraft progressed rapidly, leading to the barn-
storming era of the 1920' s and 1930 's. Helicopter develop-
ment proceeded much more slowly and it was not until the
1940' s that rotary wing aircraft became practical. Refer-
ence 1 notes that initial helicopter pioneers had to advance




Helicopter development required light and reliable engines,
light and strong aircraft structures, and a better under-
standing of helicopter controllability. Reference 2
presents a comprehensive history and References 1 and 3
present summarized histories of helicopter development.
Reference 4 discusses the history of U.S. Navy and Marine
Corps helicopters, plus the history of major U.S. helicopter
companies. A summary of helicopter development in the
United States, based on References 1 through 4, is presented
as background information to the study on helicopter con-
trollability.
The helicopter concept is usually listed as having
started with toy Chinese tops around 400 B.C. and with the
Leonardo da Vinci screw-type propeller vertical lift machine
sketches in the 15th century. In the U.S., the helicopter
concept may have started with Thomas Edison's experiments
with models in 1880. Reference 3 notes that Edison aban-
doned the experiments following a serious explosion while
trying to develop a high power, light weight engine.
Helicopter flight hardware got its start in the U.S.
with Emile and Henry Berliner in 1909. They built a two
engine co-axial helicopter that lifted off the ground.
Reference 2 notes that the Leinweber-Curtiss helicopter
was reported to have lifted off the ground in 1921. This
aircraft had four rotors, two rotors above and two below
the fuselage. The rotors each had three blades and the top
and bottom rotors on each side were connected by a swivel ing
shaft.
The first US military contract for a helicopter was
awarded to Professor Georges de Bothezat by the Engineering
Division of Air Service, Technical Department for American
Aeronautics, (US Army Air Corps) in June, 1921. The heli-
copter fuselage was shaped like a cross, with a 6 bladed, 22
foot diameter rotor at each end of the cross. Controllabili-
ty was achieved by varying the helicopter rotor blade pitch.
Decreasing the front rotor pitch while increasing the aft
rotor pitch would increase airspeed. Reference 3 notes that
lateral flight was achieved by changing the right and left
rotor blade pitch differentially. Increasing the pitch of
all blades simultaneously would increase the total rotor
thrust. Blade pitch could also be reduced to negative values
for descent. An initial demonstration flight was made 18
Dec. 1922. The pilot performed a hover (at approximately 5
feet) , an uncommanded displacement of about 300 feet, and a
landing for a total flying time of one minute and 42 sec-
onds. Reference 2 points out that this was the first time a
helicopter had flown in front of witnesses for over a
minute. Although other hovers were made in 192 3, the project
was canceled on 4 May, 1923. Reference 1 notes that the
project was canceled, after $200,000.00 had been spent,
because it was too complex mechanically. Reference 2 indi-
cates that the cancellation resulted from poor performance
and from potential safety problems which would result from a
mechanical failure due to the helicopter configuration. A
photograph of the de Bothezat helicopter is presented in
Figure 2-1.
In 1922, the Berliner's built an aircraft with two
vertical axis side-by-side counter-rotating rotors, plus a
small vertical-axis rotor at the back of the aircraft.
Control was achieved by tilting the two main rotors with
respect to the fuselage. References 2 and 3 note that this
machine achieved limited success in forward flight but
disagree on whether or not it could hover.
<mm &
Figure 2-1 de Bothezat Helicopter
Courtesy American Helicopter Society (AHS)
Mr. M. B. Bleecker designed a four bladed main rotor
helicopter in 1926 that had a propeller attached to each
rotor blade. Power from the engine was fed to the propel-
lers and eliminated the torque balance problem of conven-
tional single rotor helicopters. Control was achieved by
using small airfoils attached to and below each rotor blade
and by using a tail surface. Bleecker sold the design to
the Curtiss-Wright Company and the aircraft was built in the
early thirties. Reference 2 notes that although the air-
craft made several turn-ups and hovers, it was abandoned
because of vibration and stability problems.
The second US military contract for a helicopter was
awarded by the Army Air Corps to Platt-LePage Aircraft
Company of Eddystone, PA. in July, 1940. This helicopter
was modeled after the earlier German Focke 61 (F61) and had
two identical side-by-side rotors turning in opposite direc-
tions and a conventional airplane type tail. The aircraft,
designated XR 1, weighted approximately 4800 lb and made its
first flight (lifted off the ground, but was secured by
ropes) on 12 May 1941. The aircraft achieved heights of
approximately three feet and a flight duration of up to 30
sec during its first week but was damaged in a crash on 4
July, 1943. The second prototype, designated XR 1A, was
completed in the fall of 1943. By Dec. 1943, it had flown
across the Delaware River and returned, at an altitude of
300 feet. Reference 2 noted, that in April 1945, the Army
withdrew its financial support and the company soon disap-
peared.
Igor Sikorsky of United Aircraft started the initial
paper studies leading to the VS 300 helicopter in 1929;
however, it was not built until the summer of 1939. The
initial configuration had a single, three-bladed main rotor
and a single anti-torque tail rotor. The initial VS 300
flight on 14 Sep., 1939, lasted only approximately 10 sec,
although flights up to two minutes were achieved by the end
of 1939. During the 1939-1941 period, Sikorsky decided to
eliminate feathering (blade pitch) control from the main
rotor and use two vertical axis propellers at the rear of
the helicopter, one on each side, as shown in Figure 2-2.
The change was made to improve control of the VS 300 and by
May 6, 1941, a world helicopter endurance record of one
hour, 32 min and 26 sec was established. Although the two
small vertical axis propellers were satisfactory for hover
and low speed flight, they presented problems in forward
flight due to main rotor wake interference. Sikorsky decid-
ed to go back to main rotor feathering control at the end of
1941 and the final VS 300 configuration had a single main
rotor and a single anti-torque tail rotor. Cyclic pitch
control was used to tilt the main rotor and tail rotor pitch
variation was used for directional control, establishing
the standard to be used in future helicopters.
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Figure 2-2 Sikorsky Flying Early VS 300 Helicopter
Courtesy AHS
The United Aircraft Company XR 4 , a VS 300 derivative,
made its first flight in Jan. 1942, and Reference 2 noted
that a total of 126 XR 4 helicopters were built. The Sikor-
sky R 4 aircraft is often considered the first successful
helicopter. Reference 1 contributes the success to three
factors
:
(1) Was mechanically simple
(2) Was controllable
(3) Entered production





Figure 2-3 Sikorsky R 4 Helicopter
Courtesy Sikorsky Aircraft
A contract for the XR 6 helicopter was signed in Sep.
1942, with a: initial flight on 15 Oct., 1943. The XR 6
weighted 2600 lb, had R 4 blades, and a 245 HP 6 cylinder
Franklin engine. Reference 2 noted that United Aircraft
Company built 416 aircraft for the Army by the end of World
War II. Sikorsky got a letter of intent from the Army in
June, 1943, for a helicopter bigger than the R 4. Having
anticipated the requirement, Sikorsky had the XR 5 helicop-
ter (Figure 2-4) completed by July, 194 3. The XR 5 had a
Figure 2-4 Sikorsky R 5 Helicopter
Courtesy Sikorsky Aircraft
three bladed main rotor with wooden blade spars and ribs.
It was powered by a 450 HP Pratt & Whitney Wasp Junior
engine. The aircraft first flight occurred in August, 1943,
but it crashed in October following a tail rotor failure.
Sikorsky had the second XR 5 prototype flying in December,
1943, and according to Reference 2, had produced 123 XR 5
aircraft by the end of WW II. A photograph of the R 6
helicopter is presented in Figure 2-5.
Figure 2-5 Sikorsky R 6 Helicopter
Courtesy Sikorsky Aircraft
Arthur Young experimented with model helicopters for
about 10 years before coming up with the idea for the stabi-
lizer bar in 1940. The stabilizer bar provided damping and
made the models much easier to fly. He joined Bell Aircraft
in 1941, and by December, 1942, made the first teetered
flight (only three feet off the ground) with the initial
Bell Model 30 helicopter. The initial Model 30 was a single
pilot helicopter with a two bladed main rotor, stabilizer
bar, four long legs for landing gear, and a non-enclosed
fuselage. A second Model 30, with two seats, was produced
in August, 1943. The helicopter group at Bell Aircraft
produced a third Model 30, incorporating lessons learned
from the first two models. Reference 2 notes that the
helicopter group built this aircraft in secret from the main
company since they thought the main company version had no
chance of succeeding. The third Model 30 turned out to be
the prototype of the Bell 47. The Bell Model 47 received
the first U.S. certificate of airworthiness. A photograph
of the Bell Model 30 is presented in Figure 2-6.
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Figure 2-6 Arthur Young Flying Bell Model 30 Helicopter
Courtesy Bell Helicopter Textron
Frank Piasecki and Stanley Hiller were also involved in
the early U.S. helicopter development. Frank Piasecki
worked for the Platt-LePage Aircraft Company before forming
his own company, the P. V. Engineering Forum. His first
aircraft was the PV 2, a single main rotor and a single
rigid tail rotor configuration, which flew in April, 1943
(see Figure 2-7) . Piasecki built the tandem rotor PV 3 or
Figure 2-7 Frank Piasecki Flying PV 2 Helicopter
Courtesy Piasecki Aircraft Company
XHRP-X helicopter on a Navy contract. This aircraft first flew
in March, 1945, and was the beginning of the future Pia-
secki-Vertol tandem helicopters. A photograph of an HRP-1
tandem Piasecki helicopter conducting a mass rescue demon-
stration is presented in Figure 2-8.
*
Figure 2-8 Piasecki HRP-1 Helicopter in Rescue Demonstration
Courtesy Piasecki Aircraft Company
Stanley Hiller's first helicopter, the XH-44, had a
rigid coaxial rotor system with metal blades, a 90 HP
Franklin engine, and a single pilot cockpit. On its first
free flight in 1944, the XH-44 rolled over after lifting off
due to improper restraints. Hiller' s third version of the
XH-44 had a semi-rigid coaxial rotor system and was powered
by a 125 HP Lycoming engine. Hiller joined Kaiser Company
in 1944 and formed the Hiller Helicopter Division of Kaiser
Cargo. His division produced two more coaxial helicopters,
with two place cockpits, before he left Kaiser in 1945 and
formed United Helicopters. A photograph of the XH-44 heli-
copter is presented in Figure 2-9.
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Figure 2-9 Hiller XH-44 Helicopter
Courtesy AHS
Reference 2 summarized the helicopter situation in the
United States at the end of World War II (August, 1945) as
follows:
1. Sikorsky had already produced hundreds of aircraft
(580) of the following types: R4 , R5, & R6;
2. Bell was just completing its third prototype, the
Model 30, which was the first prototype of the Bell 47;
3. Piasecki was flying, since March 1945, the PV 3
tandem twin rotor, origin of the flying bananas;
4. Hiller, a 20 year old engineer, had developed the
first co-axial helicopter in the United States, the XH-44;
5. Several other companies were developing some proto-
types: Platt-LePage, Kellet, Bendix, Firestone, and Gyrodyne
Company of America."
In addition, Charles Kaman started the Kaman Company in
194 5 and had its first prototype helicopter with intermesh-
ing rotors, the K-125 (see Figure 2-10), flying by January,
1947. The K-125 was followed by the K-190, K-225, and,
eventually, the Air Force HH-43 Husky, all with intermeshing
rotor systems. According to Reference 2, Kaman was the only
helicopter company to put the intermeshing rotor into pro-
duction. The Kaman K-225 was the first helicopter to fly
with a gas turbine engine. The flight was made with a
Boeing 502-2 gas turbine engine in December, 1951. Kaman
also developed main rotor servo flaps to control the rotor
blade angle of attack.
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Figure 2-10 Kaman K-125 Helicopter
Courtesy AHS
The U.S. Navy experimented with autogyros in the early
1930' s, but by 1938 Reference 4 points out that an official
Navy Department memorandum had concluded: "Rotorplanes
might be of some use in antisubmarine work when operated
from auxiliaries. This appears to be a minor application,
which hardly justifies expenditures of experimental funds at
present." Helicopter/ship operations had their beginning in
1943 when a U.S. Army pilot landed the Sikorsky XR-4 heli-
copter on merchant tanker, S.S. BUNKER HILL (Figure 2-11).
Figure 2-11 Sikorsky XR-4 Operating Aboard S.S. BUNKER HILL
Courtesy Tommy Thomason, Bell Helicopter Textron
The shipboard applications of early helicopters were
limited by inadequate engine power to carry required pay-
loads or to follow a moving deck. The lack of endurance and
controllability for extended hovers also limited its appli-
cation to the antisubmarine warfare mission. As pointed out
in Reference 4, the U.S. Navy considered the helicopter to
have only minor applications in 1943, but ten years later no
one could do without it.
The ten years following World War II witnessed the
start and stop of a large number of companies attempting to
manufacture and sell a variety of helicopter configurations.
Reference 2 listed the American companies which appeared and
disappeared or stopped producing helicopters between 1945
and 1956 as follows:
"Doman, created in 1945.
Pennsylvania-Brantly, created in 1945.
Hoppi-Copter Inc., created in 1945.
De Lacker, created in 1945.
Seibel-Cessna, created in 1946.
Gyrodyne Co. of America, created in 1946.
Rotorcraft Co., created in 1947.
American Helicopter Co., created in 1947.
Helicopter Engineering Research, created in 1948.
Jensen, created in 1948.
McCulloch, created in 1949.
Bensen, created in 1953.
Goodyear Aircraft Co., created in 1953.
Convertawings, created in 1954."
Helicopter development was spurred on by the Vietnam
War during the late 1960's and early 1970' s. Controllabili-
ty was required for both gunship missions and confined area
rescue missions. By this time, gas turbine engines were in
wide use for helicopter applications. Use of composite
materials and fly-by-wire/light control system development
would not be emphasized until the late 1980' s. With heli-
copter technology at its current state, the primary factor
in new helicopter development is program cost. The program
cost results in contractors teaming up to build new aircraft
like the V-22 (Bell/Boeing) and LHX (Bell/McDonnell or
Boeing/Sikorsky) . The emphasis on new helicopter missions
like air-to-air combat and new flying qualities specifica-
tion efforts point to the importance of aircraft controlla-




The basic helicopter configuration determines how
control is achieved about a given aircraft axis. Longitudi-
nal, lateral, height, and directional control plus torque
balancing is a function of the configuration, as shown in
Table 3-1.
2. Rotor Systems
For a given configuration, controllability is
primarily affected by the helicopter rotor type and level
of augmentation. There are three primary types of helicop-





A teetering or two bladed "see-saw" type rotor system is
shown in Figure 3-1. The rotor system is rigidly attached
to the hub, but the hub is free to flap or tilt, as a unit,
with respect to the rotor shaft. Teetering rotor systems
often have an "underslung" configuration, with the blade
root below the hinge point, to minimize the in-plane
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Coriolis forces. The teetering rotor design is relatively
simple, aerodynamically clean, easy to maintain, and inex-
pensive. With zero hub offset, there is no average hub
moment, making the configuration less prone to vibration
feedback. Also, if the blades are made very stiff in the
chordwise direction, ground resonance problems can be avoid-
ed. The teetering rotor system was standard on early Bell
Helicopter Textron UH-1 "Hueys" and AH-1 "Cobras".
With a teetering rotor system, controllability is lost
at zero g flight and the control sense is reversed at nega-
tive g flight. Large control inputs at a low g flight
condition can lead to large rotor flap angles which could
result in mast bumping and loss of the helicopter. Problems
with teetering rotor controllability during low g Army
flight maneuvers is documented in Reference 5. In addition,
higher harmonic airloads and oscillatory moments can be
transmitted to the shaft, since a teetering system has no
lag hinge and the blades are not completely free to flap.
The articulated rotor system allows individual blade
movement about the flap hinge, the lead-lag or drag hinge,
and about the pitch change or feathering hinge, as shown in
Figure 3-2. The articulated rotor system blade flap hinge
offset distance from the hub has an important affect on
control moments and controllability. Articulated rotor
systems are very flexible in terms of design parameters like
the number of blades, blade hinge offset location, and blade
hinge orientation. The rotor system may have an offset
flapping hinge, an offset lead-lag hinge, or a combination
offset flapping and lead-lag hinge. Reference 6 refers to
these hinge configurations as Delta One (6 1 ), Delta Two
(<5 2 )/ and Delta Three (<5 3 ) hinges, respectively. For exam-
ple, a Delta Three hinge produces pitch-flap coupling which
decreases the blade pitch and angle of attack when the blade
flaps upward. The blade hinges also result in low inherent
vibration since blade moments are not transmitted to the
rotor hub. Helicopters with articulated rotor systems,
like the CH-53, have been used to demonstrate loops and
rolls.
Articulated rotor systems are, in general, mechanically
complex and bulky, which implies a high drag configuration.
The blades also experience high Coriolis forces which re-
quires incorporating a lag or drag hinge. Lag hinge mal-
function or improper design, by itself or in conjunction
with landing gear problems, can lead to ground resonance.
Ground resonance is a dynamic instability involving coupling















Figure 3-1 Sketch Showing Teetering Rotor Hub and




Figure 3-2 Sketch of Fully Articulated Rotor Hub Having















Figure 3-3 Sketch Sliowing Hingeless Rotor Hub and Equivalent
Articulated Blade Representation of a Hingeless Blade
The hingeless rotor system does not use flap or lag
hinges, but attaches the rotor blades to the shaft like a
cantilever beam, as shown in Figure 3-3. A flexible sec-
tion, near the root of the blade, allows some flapping and
lagging motion. The hingeless rotor system is relatively
clean and simple in that it does not have the mechanical
complexity of the articulated rotor system. Large hub
moments resulting from tilting the TPP with a hingeless
rotor produces high control power and damping compared to
teetering and articulated rotor systems, as shown in Figure
3-4. A hingeless rotor system will produce a "crisper"
response to pilot control inputs than other rotor types. A
hingeless rotor system will also have controllability at
low g flight conditions. Note that articulated rotor
systems have physical flapping hinge offsets and a hinge-
less rotor can be thought of as having an effective hinge
offset. A hingeless rotor is used on the BO-105 helicopter.
The hingeless rotor system airloads and moments are
transmitted back to the hub. The hub loads and resulting
vibration will, in general, be higher for a hingeless rotor
system then for other type rotor systems. Reference 1
notes that the high damping of the hingeless rotor system
implies high gust sensitivity which often reguires an auto-
matic flight control system. Reference 1 also points out
that the angle of attack instability in forward flight is
larger for a hingless rotor system than for an articulated
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Figure 3-4 Helicopter Pitch and Roll Damping as a Function





Helicopter control requires a torque/force balance
for hover and a rotor thrust tilt to produce translation-
al flight. Force and moment balance schematics for a
typical single main rotor, single tail rotor helicopter are
presented in Figures 3-5, 3-6, and 3-7.
TAIL
ROTOR
Figure 3-5 Longitudinal Force and Moment Diagram
Z AXIS
Figure 3-6 Lateral Force and Moment Diagram
Figure 3-7 Directional Force and Moment Diagram
where the longitudinal parameters are defined as
ANF - Axis of no rotor blade feathering or control axis
SHAFT - Rotor shaft or mast axis
TPP - Tip path plane or axis of no flapping
a
x
- Angle between TPP and a perpendicular to ANF
a lS " An9 le between TPP and a perpendicular to shaft
B1S " An9 le between a x to the shaft and a i to ANF
DF
- Fuselage drag
e - Flapping hinge offset from the shaft
H - Rotor in-plane force
h - Vertical distance from e.g. to hub
h - Horizontal distance from e.g. to rotor shaft
MCG - Moment about the e.g. due to fuselage and rotor
MR - Moment due to rotor in-plane forces
T - Rotor thrust, also Tj^
W - Helicopter weight
V - Free stream velocity
and the lateral-directional parameters are
ns - Angle between a i to the shaft and a i to the ANF
b-^ - Angle between TPP and a perpendicular to ANF
bje - Angle between TPP and a perpendicular to shaft
hTR - Vertical distance from e.g. to tail rotor
1 T
- Distance from the tail rotor to the e.g.
LF+T " R°Hi n9 moment due to fuselage and tail
Ljj - Rolling moment due to rotor in-plane forces
NF+T " Yawin9 moment due to fuselage and tail
QMR - Main rotor torque
R - Main rotor radius
TTR ~ Tnrust of tne tail rotor
VT - Main rotor tip speed (hover)
n - Main rotor angular speed (hover)
YF+T " Sideforce due to fuselage and tail
YMR ~ s ideforce due to main rotor
From Figures 3-5, 3-6, 3-7, and following Reference 8,
the basic force and moment perturbation equations can be
expressed as:
Ax = -[ TAa ls + a ls AT + AHj^ + ADp ]
(1) (2) (3) (4)
Ay = TAb;s + blsAT + Ay^ + AY
(1) (2) (3) (4
Az = -At
(7)
Am = [Th + MH ] Aa ls + (h
1
+ hals ) AT + hAH + AMp+T (3-4)
(1) (2) (3) (4)
Al = [Th + %] Ab ls + hb ls AT + h AYMR + ALF+T + hTRTTR (3-5)
(1) (2) (3) (4) \b)
An = h 1TAb ls + h^^AT + h 1 AYj^ + Anf+t - Attr + QMR (3-6)
(1) (2) (3) (4) (5] (6Y
where MH [L^] = ebM^n
2 A a i s [Abls ] is the rotor offset hinge
moment and the terms in equations 3-1 through 3-6 represent








(1) Tilt of main rotor tip path plane
(2) Change in thrust and e.g. offset from the shaft
(3) Rotor in-plane force change
(4) Fuselage and tail pitching moment change
(5) Tail rotor thrust changes
(6) Change in main rotor torque
(7) Change in main rotor thrust
Equations 3-1 through 3-6 can be used to evaluate the heli-
copter stability derivatives.
2 . Axis Systems
The axis system used to implement the equations
of motion is usually a function of the type of problem being
analyzed. An inertial or earth axis system is a right-
handed orthogonal triad that has its origin at some point on
the earth surface and is fixed with respect to space. In a
space-fixed axis system, the moment of inertia about each
axis will vary as the aircraft moves with respect to the
origin of the axis system. This results in time-varying
parameters in the equations of motion, which greatly compli-
cate any analysis. Reference 9 notes that if the axis
system is fixed in the aircraft, the measured rotary iner-
tial properties are constant (assuming the aircraft mass is
constant) . Vehicle axis systems have coordinate systems
fixed in the vehicle and may include the following, as
illustrated in Figure 3-8.
• Body axis system
• Stability axis system
• Principal axis system
• Wind axis system
Additional axis systems used in helicopter analysis include:
• Shaft axis system
• Control axis system
• Tip-path-plane axis system
• Hinge axis system
• Blade axis system
The body axis system is a right handed orthogonal triad
that has its origin at the aircraft center of gravity. This
axis system is fixed to the aircraft making the inertia
terms in the equations of motion constant and the aerodynam-
ic terms depend only on the relative velocity vector. Since
the body axis system is fixed to the aircraft, motion with
respect to the body axis would be sensed by aircraft instru-
mentation and felt by the pilot.
The stability axis system is a right handed orthogonal
triad that has its origin at the aircraft center of gravity
and its x-axis aligned with the velocity vector. It is a
special case of the body axis with the positive x-axis
pointing into the relative wind. With a stability axis
system, the moment and product of inertia terms vary with
flight condition, and the axis system is limited to small
disturbance motions. Estimation of the stability deriva-
tives is easier because of simplification of the aerodynamic
terms. The stability axis system is used extensively in
wind tunnel studies but loses its significance for helicop-
ter hover studies, where the velocity vector is not defined.
The principal axis system is a right-handed orthogonal
triad aligned the principal axis of the aircraft. Using the
principal axis system implies that the product of inertia
terms are identically zero, simplifying the equations of
motion. When the stability axis is not aligned with the
principal axis, cross product of inertia terms appear in the
lateral equations of motion.
The wind axis system is a right-handed orthogonal triad
that has its origin at the aircraft center of gravity and
positive x-axis aligned with the aircraft flight path or
relative wind. The wind axis system, like the inertial axis
system, is not usually used in aircraft analysis since the
moment and product of inertia terms in the rotational equa-
tions of motion vary with time, angle of attack, and angle
of sideslip.
The shaft axis system, control axis system, and tip-
path-plane (TPP) axis system are commonly referenced in
helicopter texts (see References 3 and 9 through 11) . These
axes systems are right-handed orthogonal triads that have
their origin at the rotor hub as shown in Figures 3-5 and
3-6. The helicopter rotor shaft and, thus, the shaft axis
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system may be tilted forward with respect to the fuselage to
help produce a more level attitude in forward flight. Rotor
force calculations are complicated because the blade inci-
dence must be expressed in terms of both flapping and feath-
ering. The control axis or axis of no feathering is normal
to the swash plate, hence blade pitch is the constant col-
lective value and no cyclic changes occur with respect to
this axis. Reference 10 suggests that the control axis is
normally used in American studies to express blade flapping.
The TPP axis system is also referred to as the axis of no
flapping since the blades change pitch periodically but do
not flap with respect to this axis system. Reference 10
notes that the TPP axis system was used for most early
British helicopter analysis.
The hinge and blade axis system have their origins at
the rotor blade hinges. Hinge points for flapping, lead-
lag, and feathering are often assumed to coincide for sim-
plicity. The hinge and blade axes systems are used in
studies analyzing the individual rotor blade dynamics.
Knowing the angle relations and origin location, trans-
formations can be used to get from one axis system to
another.
IV. EQUATIONS OF MOTION
A. ASSUMPTIONS
The complete nonlinear equations of motion describe
the helicopter flight trajectory resulting from pilot
control and environmental disturbances. These equations are
valid for analyzing both maneuvers and external disturbances
from a trim condition. Stability and control analysis is
usually concerned with small perturbations about a specified
trim condition. The goal is to simplify the equations of
motion to facilitate generic control system analysis, while
retaining essential elements to maintain the validity of the
analysis.
Reference 12 presents a detailed development of air-
plane/helicopter equations of motion. The development
includes a discussion of linear and angular motion plus
expansion of the inertial, gravity, and aerodynamic terms.
Reference 13 summarizes the equation development and
presents basic discussions on linear and angular motion and
Coriolis forces and moments. Reference 9 implies that
helicopter and fixed-wing equations of motion are derived
the same basic way, but notes that with the helicopter,
rotor aerodynamics and hover capability should be consid-
ered. Reference 12 presents twelve assumptions in
developing the aircraft equations of motion for control
system analysis. These assumptions are summarized below:
Assumption 1: The airframe is a rigid body.
This implies that the airframe motion can be described by a
translation of the center of mass and by a rotation about
the center of mass. No attempt is made to include airframe
bending or twisting or other aeroelastic effects. Actual
helicopters do have major elements like rotor blades which
move relative to each and to the fuselage.
Assumption 2: The earth is considered to be fixed in space.
This assumption implies that the inertial frame of reference
is valid for the relatively short term analysis which is
typical of control system design studies. This assumption
may have limitations for long term navigation studies.
Reference 12 notes that assumptions 2 and 1 provide an
inertial reference frame in which Newton's laws are valid,
and a rigid body to apply the laws. The development of the
equations of motion start with Newton's second law on the
motion of a particle:
The acceleration of a particle is proportional to the
resultant force acting on it and the acceleration is in the
direction of the force.
Assumption 3: The mass and mass distribution of the air-
craft are assumed to be constant.
This assumption implies that no fuel is burned or stores
expended, which is valid for control system analysis.
Assumption 4: The XZ plane is a plane of symmetry.
This assumption is very good for most fixed-wing aircraft
and tandem rotor helicopters. The location and orientation
of the tail rotor components on single main rotor, single
tail rotor type helicopters are not symmetrical in the XZ
plane. This assumption resul
fies the moment calculations.
Assumption 5: Small disturbances are assumed to trimmed
level flight conditions.
This assumption implies sine angle = angle and cosine angle
= 1 and that higher order terms are negligible. It allows
linearization of the eguations of motion, thus simplifying
the analysis. It also limits the equations to small pertur-
bation analysis.
Assumption 6: The longitudinal forces and moments due to
lateral perturbations are assumed negligible.
This assumption implies that if the aircraft is trimmed in
steady, level flight, then initial roll and yaw angular
velocities, initial lateral velocity and bank angle are
zero. This assumption also decouples the longitudinal and
lateral sets of equations.
Assumption 7: The flow is assumed to be quasi-steady.
This assumption implies that all derivatives with respect to
the rate of change of velocities, except w and v, are omit-
ted .
Assumption 8: Variations of atmospheric parameters are
considered negligible.
This assumption is valid for helicopter control system
studies, since the studies are concerned with operating
about a trim point.
Assumption 9: Effects associated with rotation of the
vertical relative to inertial space are neglected and the
trim body pitching velocity is zero.
The first part of this assumption does not apply to low
speed, low altitude vehicles like helicopters. For control
studies about an operating trim point the trim body axis
pitching velocity should be zero. Reference 12 notes that
assumption 9 corresponds to straight flight over an effec-
tively flat earth.
1 . Complete Linearized Equations of Motion
The equations of motion can be further simplified
by using a stability axis system with the X axis in steady-
state pointing into the relative wind. With these assump-
tions, the complete linearized aircraft equations of motion,
from Reference 12, are presented below.
Longitudinal/Vertical Equations
(4-1)
(S - Xu )u - (X^S + Xw)w + (-XqS + gcos# )e =
X 6 S
- [X^ + (X^S + XJWg]
- Zuu + (S - Z^S - Zw)w + [(-UQ - Zq)S + gsinV ]6 =
z 6 & ~ tZuug + < zws + zw) wg " zqp%l
Muu - (M^S + M^w + S(S - Mq )9 =
K S S ~ tMuug + (Mw8 + MJWg " Mq^
Lateral/Directional Equations
(4-2)
[S(l+Yv ) - Yv ]v - (YpS+gcos^ ) (p/S)+[(UQ - Yr )S - gsin V ] (r/S)
=
Y S S - [(YVS + Yv )vg + YpPg - YrSVg]
-(I^S + I^)v + (S - E^)p - L^r =
1^6 - [(I^S + L^Vg + I^Pg ]
-(N/s + n/)v - N/p + (S - N/)r =
N^6 - [(N/S + N/)V
g
+ N/Pg - (N/) gSVg]
where the terms will be defined following simplification of
the equations.
2
. Simplified Equations of Motion
These equations are still not convenient for
transfer function computations and can be simplified.
Assumption 10: It is assumed that x^ = x = z^ - Z_ = o
Reference 12 bases this assumption on a general relative
order of magnitude discussion and notes that these stability
derivatives rarely appear in technical literature. The
validity of neglecting these terms should be checked for
each specific configuration and flight condition.
Assumption 11: The aircraft steady flight path angle, &a , is
assumed to be zero.
This assumption precludes the requirement for in the
transfer functions, thus simplifying the analysis.
Assumption 12: It is assumed that Yv = Yp = Yr = L* = N* =
Reference 12 notes that this assumption is good for most
configurations. However, the validity of neglecting these
terms should be checked for each aircraft configuration and
flight condition.




, p , and v ) , the linearized longitudinal and later-
al equations of motion for forward flight (from Reference
12) can be expressed as:
LONGITUDINAL
(S
- XU)U V + 9e = X <S 6
-Zuu + (S - Zw)w - U S6 = Z s 6 (4-3)
Muu - (M^S + MJw + S(S - Mq)6 = K 6 S
(S-Yv )/8 - (g/UQ )(p/S) + r = Y & 6
- l/pfi + (S - L^)p - L/r = l/6 S (4-4)
- N^/3 - N/p + (S - N/)r = N^<S
3 . Definitions
The terms in the above equations are defined as
5 = LaPlace Operator = d/dt
u = Forward speed (ft/sec)
w = Vertical speed (ft/sec)
6 = Pitch angle (rad)
(3 = Sideslip angle (rad)
p = Roll rate (rad/sec)
r = Yaw rate (rad/sec)
S = Control deflection (rad)
g = Gravitational constant (32.2 ft/sec 2 )
UQ = Trim true airspeed (ft/sec)
Y 6 " Y <$/uo '> Ui* = ^ * <v - N^
Reference 12 defines the primed terms as
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1 - T 2 1 - T 2
xz I xz
IxI z IxI z
and the prime terms eliminate product of inertia terms in
the equations. The product of inertia terms appear when the
stability axis is not aligned with the aircraft principal
axis. If the stability axis system is assumed to be aligned
with the aircraft principal axis, there is no need to dis-
tinguish between the primed and unprimed derivatives. A
brief description of the stability derivatives is presented
below. Additional information is available in References 7
through 12.
Xu = Velocity damping = 1 "^_X
m 2>u
Velocity damping is also referred to as drag damping and the
fuselage contribution is proportional to dynamic pressure.
The derivative, consisting of fuselage and rotor contribu-
tions, is typically negative corresponding to a forward tilt
of the rotor tip path plane as speed increases. Reference 9
notes that X u has a weak but stabilizing effect on the
helicopter long term stability.
Lift due to forward speed = 1 ~6Z
m d u
Reference 9 notes that the lift due to velocity derivative
for fixed-wing aircraft is always negative (increased lift
for increased airspeed) . The primary contribution comes
from the main rotor and the derivative is negative at low
speed and positive at high speed.
Xy = Drag due to Vertical Velocity or Angle of Attack = 1 &X
m dw
The drag due to changes in vertical velocity or angle of
attack has little affect on the helicopter statics or dynam-
ics according to Reference 9.
Zw = Vertical Velocity Damping = -1 >T
m dw
The vertical velocity damping derivative is the reciprocal
of the vertical response time constant in hover.
Mu = Speed Stability = 1 1M
Iy
*u
The speed stability or velocity stability is the change in
pitching moment caused by a change in forward speed. Refer-
ence 9 notes that for most helicopter configurations, K^ is
positive in hovering and at very low speed flight.
M^ = Angle of Attack Damping = 1 %M
The angle of attack damping is negative and affects only the
helicopter short period pitch damping.
Ky = Angle of Attack stability = 1 >M
Ky is the pitching moment derivative with respect to verti-
cal velocity or angle of attack and a negative value corre-
sponds to positive stability.
M
a
= Pitch Rate Damping = 1 ^M
I
y3q
M„ or Me is the pitching moment derivative with respect to
pitch rate and considered very important to stability and
control analysis. Reference 9 notes that most helicopters
require angular damping augmentation for good handling
qualities and that the augmentation may be either mechanical
or autopilot-type devices.
Yv = Sideforce due to sideslip = 1 <^Y
M 2>v
The sideforce due to sideslip or sideward velocity will act
to resist or damp sideward motion.
Y
r
= Side force due to yaw rate = 1 21
m <^r
The primary contribution to side force due to yaw rate will
be from the tail rotor for conventional helicopters. The
vertical tail fin will also affect the side force due to yaw
rate
.
= Side force due to roll rate = 1 >Y
m <ip
Both main and tail rotors will contribute to the side force
due to roll rate.
Yr = Sideforce due to lateral control = 1 VY
Als M ^A ls
The side force due to lateral control results from tilting
the rotor tip path plane to the side.
Yq = Side force due to directional control = 1 ^_HTRTR m ^eTR
The side force due to directional control will be a func-
tion of tail rotor thrust resulting from a rudder pedal
control input.
Ly = Rolling moment due to sideslip = 1 SL
Ixxdv
The rolling moment due to sideslip is also called dihedral
effect and a negative value implies positive dihedral ef-
fect. Primary contributions to dihedral effect come from
the main and tail rotors.
Lr = Roll due to yaw rate = 1 &_L
Reference 8 notes that the fuselage does not contribute
very much to this derivative, but that the tail rotor con-
tribution is very important.
Lp = Roll damping = 1 ^L
I XX^P
Lp is the rolling moment due to roll rate or roll damping
with primary contributions from the main and tail rotors.
Lr = Lateral control derivative = 1 > L
1S ixx^is
The lateral control derivative is primarily a function of
the rate of change of rotor tip path tilt with lateral
cyclic input. Reference 8 notes that it is independent of
airspeed.
Nv = Directional stability derivative = 1 ^ N
J ZZ^V
The directional stability derivative is primarily a function
of the tail rotor with additional contributions from the
fuselage and vertical tail.
N
r
= Yaw rate damping derivative = 1 ^N
x ZZ^ r
The yaw rate damping derivative is primarily due to the tail
rotor contribution.
.1 rate = 1
Z ZZ^P
The yaw due to roll rate derivative depends primarily on the
height of the tail rotor with some contribution from the
vertical stabilizer.
N A = N fi = NPFn = Directional control derivative = 1 ^ N
L
zz ^eT
The directional control derivative is the tail rotor effec-
tiveness or yawing moment resulting from rudder pedal
inputs.
Reference 8 summarizes the relative importance of the
helicopter major components to the lateral/directional
stability derivatives. The summary focuses on the fuselage
and tail, main rotor, and tail rotor, as shown in Table 4-1.
4 . Stability Derivative Calculations
Values for stability derivatives can be
calculated for each helicopter at specific flight conditions
TABLE 4-1 SUMMARY OF RELATIVE IMPORTANCE OF LATERAL/DIRECTIONAL
STABILITY DERIVATIVES (FROM REFERENCE 8)
Derivative Relative Importance To Derivative (A,B,C)
Symbol (Sign) Fuselage Main Rotor Tail Rotor
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VFS = Vertical Fin Size; VFH = Vertical Fin Height
TRH = Tail Rotor Height
by evaluating the terms in equations 3-1 through 3-6.
Equations for helicopter stability derivatives are also
presented in References 8 through 11. Sample calculations
and calculator programs for determining the derivatives are
given in Reference 13. Stability derivative values for a
single main rotor helicopter are presented in Reference 12.
Reference 7 presents stability derivatives for 0H-6A, B0-
105, AH-1G, UH-1H and CH-53D helicopters. Stability
derivatives for the CH-46 and UH-60 helicopters are pre-
sented in References 14 and 15, respectively.
5 . Hover Case
Helicopter stability derivatives in forward flight
will not be the same as for the hover case since many are a
function of forward velocity. In addition, the derivatives
M^, Mw , Xw , Z u , and Z B are usually neglected in hover due
to symmetry as noted in References 9 and 12. For the hover
case, the longitudinal equations of motion presented in
Equations 4-3 reduce to:
(S - Xu )u + + ge = x 6 s
+ (S - Zw )w + = Z 6 6 (4-5)




For the lateral equations of motion, Reference 12 points out
that Np , Lr , Nv , Y , and Y r are usually assumed to be zero.
Reference 12 notes that the assumption applies well to
hovering vehicles without a tail rotor or with a tail rotor
of high disk loading. For the hover case, the lateral
eguations of motion presented in eguations 4-4 reduce to






+ (S - Nr )r = Nr«
(4-6)
6 . Summary Equations
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Equation 4-8 shows that, for the hover case, the vertical
motion is independent of longitudinal and pitching motion.
The collective control (z
s )
only affects the vertical Z
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Equation 4-10 shows that, for the hover case, the yaw motion
is independent of sideslip and bank angle. Thus, a pedal
input (N^) produces a pure yaw response with no cross cou-
pling.
V. SYSTEM CHARACTERISTICS
A. CHARACTERISTIC EQUATION (CE)
The CE gives information on both the stability and the
characteristic motion of the system. It is obtained by
setting the denominator of the system polynomial equal to
zero or by solving the determinant of the system matrix with
zero inputs. Solving equation 4-8 for zero inputs and








S) + Mug ] =




)S 2 + XuMqS + Mug]
(5-2)
(5-3)
In a hover, the vertical response is decoupled from the
longitudinal response in equation 4-8, and can be expressed
as:
(S - Zw )w = Z & 6 (5-4)
where 6 = C is the collective control.
Solving equation 4-10 for zero inputs and expanding the
determinant gives the lateral CE for hover.
S(S - Lp)
(5-5)
S(S - Lp) (S - Yv ) - L^g
S
" ( Yv + Lp )S
Z
r
LpS - L^g =
(5-6)
(5-7)
The yaw response in hover is decoupled from sideslip and
bank angle in equation 4-10 and can be expressed as:
(S - N
r
)r = N £ 6 (5-8)
where 6 = 6 r is the rudder pedal input.
In forward flight the longitudinal and vertical motion is
coupled (equation 4-7) and so is the lateral and directional
motion (equation 4-9). The CE is obtained by solving the
determinants of equations 4-7 and 4-9. This results in
fourth order equations of the form
CE fwd. fit. = As4 + Bs3 + Cs>2 + Ds + E (5-9)
where in the longitudinal/vertical case, equation 4-7 can be
expanded by cofactors to give:















= (S - XU )[(S - ZW )S(S - Mq ) - (UQS)(M^S + MJ]
+ Zu [- XWS(S - Mq ) + M^Sg + ^g]
- MU (XWUQS - gS + Zwg) (5-11)
= S 4 - M
q
S 3 - ZWS
3 + Z^gS 2 - M^S 3 - M^S 2 - XUS 3 +
XuMqS




2 + XUMWUQS - XWZUS
2
+
XwZuMug + ZuMwgS + ZuMwg - X^UqS + MugS - Z^g (5-12)
Equating like power terms in equations 5-12 and 5-9 gives
the coefficients to the forward flight longitudinal charac-
teristic equation. These coefficients are given below
and are also presented in Reference 12.
A = 1 (5-13)
B = "(Mq + Zw +MwUo + Xu>
C
- V^q " XwZu " Vo + Xu<Mq + Zw + M*^)
D " Zu^q + V?) + ^Wo " Vty + Mu^ " XwUo)
E = g(ZuMw - ZwMu )
The lateral characteristic equation for forward flight can
be obtained using the same procedure. Reference 12 presents
the coefficients for the lateral characteristic equation as:
A = 1 (5-14)
B = - Yv - Lp - Nr - Np
- Lr
C = N^ + Lp(Yv + Nr ) + Np (Yv -Lr ) + Yy (Lr + Nr ) +1^
D =
~ ^Lp + Yv( NpLr " Vr + NpL/?) ~ (9/uo) < L/3 + V
E = (g/UQ ) (L^Nr - N^)
B. TRANSFER FUNCTIONS
A transfer function (TF) is the ratio of the system




FUNCTION TF(S) -> OUTPUT O(S)
and
TF(S) 0(S)I(S) (5-15)
This relation applies to linear time-invariant systems with
zero initial conditions. (For certain nonlinear control
systems see Reference 16, Chapter 11.) The TF can also be
expressed as the ratio of a zero or numerator polynomial to






S + bn (5-16)
bm (s - z x ) (S - z 2 ) ... (S - zm )
(S- p
x )




Z = Zeroes (roots) of the numerator polynomial
P = Poles (roots) of the characteristic polynomial
The characteristic equations have already been presented for
hover and forward flight, (see equations 4-7 through 4-10)
.
The denominator, or characteristic polynomial, is common to
all helicopter transfer functions and determines the stabil-
ity (frequency and damping) of the response. The numerator,
or zero polynomial, is obtained by replacing the specified
motion column in the equation of motion with the specified
control column (Cramer's rule). For example, to look at the
forward speed (u) to control input (£) TF, replace the u




Z 6 S - Z ;




S(S - Ma ) N£(S) (5-18)
A(S)
where N^(S) is the notation used in Reference 12 for a
forward speed (u) to control input (<5) numerator.
1 . Block Diagrams
Block diagrams are shorthand or pictorial repre-
sentations of linear control processes which facilitate
analysis, especially in control system design. Block diagram
algebra may be used to reduce complicated aircraft control
system block diagrams to forms that are more easily ana-
lyzed. Most control theory texts (see References 16, 17,
and 18) contain summaries of the theorems used for block
diagram manipulation. Key points to remember include:
• Series or cascade blocks can be combined by multiplication
• Parallel blocks can be combined by addition
• Minor feedback loops may be eliminated by manipulation
A block diagram of a control system with feedback is pre-







Figure 5-1 Block Diagram of Feedback Control System
where
R(S) = System input (no feedback)
C(S) = System output (no feedback)
E(S) = Error signal
G(S) = Forward transfer function
H(S) = Feedback transfer function
G(S)H(S) = Open loop transfer function
Ma; = Closed loop transfer function
R(S)
E ts ) = Error or actuating signal ratio
R(S)
B i s ) = System feedback ratio
R(S) y
The system output, C(S)H(S), is fed back and compared to the
input R(S) . The difference, E(S), is the error signal which
drives the loop transfer function. From Figure 5-1:
E(S) = R(S) - C(S)H(S) (5-19)
C(S) = E(S)G(S) (5-20)
combining equations 5-19 and 5-20
C(S) = G(S) [R(S)-C(S)H(S) ] = G(S)R(S) - G(S)C(S)H(S) (5-21)
C(S)[1 + G(S)H(S)] = G(S)R(S) (5-22)
CfS) = G(S) (5-23)
R(S) 1 + G(S)H(S)
EfS) = 1 (5-24)
R(S) 1 + G(S)H(S)
B(S)
= GfS)H(S) (5-25)
R(S) 1 + G(S)H(S)
Note that the denominator is the same for equations 5-23
through 5-25. The term "1 + G(S)H(S) = 0" is the charac-
teristic equation for the system in Figure 5-1 and deter-
mines the stability of the system.
C. STABILITY
The concept of stability is very important to helicop-
ter controllability and to automatic flight control system
design requirements. In general, the helicopter should be
stable, but not so stable as to appear overly sluggish to
the pilot. As previously noted, the amount of stability and
agility required for a specific helicopter will be a func-
tion of the mission being considered. Stability can be
discussed in terms of what happens to a helicopter when it
is disturbed from a trimmed flight condition with no pilot
or automatic flight control systems corrective inputs.
Static stability is concerned with the initial tendency of
the helicopter motion following the disturbance. If the
helicopter tends to return to the original trim condition,
it is said to exhibit positive static stability. If it
tends to diverge from the trim condition, it is said to
exhibit negative static stability. If the helicopter tends
to remain at the new position with no tendency to return to
the original trim condition or to diverge, it is said to
possess neutral static stability. The degree of static
stability or instability will have an effect on the helicop-
ter automatic flight control system (AFCS) design and gain
selection. Static stability options are illustrated in
Figure 5-2.
Dynamic stability is concerned with the resulting
motion of the helicopter following a disturbance from trim
condition. The resulting motion can be either oscillatory
(periodic) or non-oscillatory (aperiodic) . It may also be
convergent, divergent, or neutral. Static stability is
required for dynamic stability, but a system may be stati-
cally stable and dynamically unstable. Dynamic stability
motion options are also illustrated in Figure 5-2.
1. Stability In The S Plane
The helicopter stability can also be analyzed
by examining the location of the roots of a linear closed
loop system in the complex or S plane. Stability in the S
plane is illustrated in Figure 5-3. The figure shows that
if all the system closed loop poles lie in the left half of
the S plane the system will be stable. If any of the close
loop poles lie in the right half of the S plane the system
will be unstable. If the roots lie on the real axis, the
system will be either non-oscillatory (left half S plane) or
aperiodic divergent (right half S plane) . The radial dis-
tance out from the origin to the roots determines the natu-
ral frequency (w
n )
of the system. The angle of the roots
from the imaginary axis (e d ) determines the damping ( )
.
For example, consider the case of a hovering helicopter.
The characteristic equations for longitudinal and lateral
motion were presented in equations 5-3 and 5-7, and are
repeated below.
Longitudinal: S 3 - (Xu + Mq )S
2
+ XUM S + Mug = (5-3)
Lateral: S 3 - (Yy + L^)S
2























Figure 5-2 Illustration of Stability Options
The hovering cubics presented in equations 5-3 and 5-7 can
be solved by hand using a trial and error process, but a
hand calculator or personal computer makes the task much
easier. Conventional single rotor and tandem rotor helicop-
ter stability derivatives from Reference 19 are presented
below.












Lp = - 3.18
L/j = - .052
Directional
Root













Lb - - 1.612
lAr = - .0342
Vertical
Root
Zw - - .82
Directional
Root
Nr = - .0535
Both conventional and tandem rotor type helicopters have a
pair of roots in the right hand plane. The longitudinal
roots are shown in Figure 5-4. Both longitudinal and later-
al hover modes will be unstable and stability will have to
be provided by the pilot or by some form of automatic flight
control system.
STABLE-*- - UNSTABLE

















S = o-+ \u>




S 3+.6384S 2 +. 017 3S+. 1961=0
C 1=-.8748; C2 3=.1182 ± j.4585




S 3+1.999S 2+.0376S+1. 12 06=0










Figure 5-4 Hover Longitudinal/Vertical Roots
As previously noted, the characteristic equation determines
the character or stability of the system response.
Descarte's Rule of Signs tells us that the number of unsta-
ble or positive real roots equals the number of consecutive
sign changes in the characteristic equation or is less than
this minus an even number. A fourth order characteristic
equation of a single rotor helicopter in forward flight is
presented as equation 5-26. Note that the equation has two
consecutive sign changes which implies two positive or
unstable roots.
S 4 + 1.874S 3 - 5.916S 2 - 5.910S + .011 = (5-26)
Another method of determining the number of closed loop
poles lying in the right half of the S plane without having
to factor the polynomial is Routh s Stability Criterion.
This method is also referred to as the Routh-Hurwitz Stabil-
ity Criterion since both Routh and Hurwitz independently
developed similar methods for determining the number of
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+ ... + a-^ + aQ = (5-27)
One necessary, but not sufficient, condition for stability
is that the coefficients in the above equation be positive
with no missing terms (recall Descarte's Rule). The suffi-
cient condition for stability involves setting up a Routh
array or table and verifying that all elements in the first
column of the array are nonzero and that they have the same
sign. The criteria also tells us that the number of first
column element sign changes in the array is equal to the
number of roots in the right hand plane. The Routh Array is
set up in rows and columns as shown below:
Row
1 sn an an-2 an-4
2 s"" 1 an-l an-3 an-5
3 sn
" 2 b l b2 b 3
4 sn








n _ 1 an_ 2 ) -(an an _ 3 )
an-l
b 2 = < an-l an-4) ~ ( an an-5>
an-l






n _ 1 b 2 )
b l
c 2 = ( b l an-5) - < an-l b 3>
b l
d l = c 1b 2 - b 1 c 2
c l
and the rows are constructed until zero value elements are
obtained except in the first column. Equation 5-26 can be
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S 1 = - 5.91 =
S° ( -5.91) (.011)-(5.91) (0 )
-5.91
The first column had two sign changes, implying that there
are two roots with positive real parts. The Routh criteria
was published in 1877 and provided a way of determining the
stability of systems without having to factor high order
characteristic eguations. As a result of modern hand calcu-
lators and personal computers, the need for using the Routh
criteria has gone the way of the slide rule. It is much
easier to find the roots of characteristic equations using a
root finding algorithm. The "POLY" function of the Hewett-
Packard HP41CV hand calculator gives the roots of equation
5-26 as
Rl = 2.1515, R2 = 0.0019, R3 = -0.8723, R4 = -3.155
This confirms that two of the roots are located in the right
half of the S plane.
D. PILOTING REQUIREMENTS
Piloting requirements for helicopter control system
evaluations include both open and closed loop tasks. Open
loop tasks are oriented primarily at specification compli-
ance and may include observing the aircraft response to a
unit step control input. Closed loop requirements include
mission oriented tasks, where pilot input/feedback is re-
quired. Aircraft flying qualities can be considered an open
loop function, where specification compliance is the driving
factor. Aircraft handling qualities implies a closed loop
function, where the pilot is using a vehicle with a given
level of flying qualities to accomplish a specific task.
Note that some sources, like Reference 8, consider both
flying qualities and handling qualities to imply closed loop
functions. Piloting tasks are performed by trained test
pilots using standard procedures like those outlined in
Reference 8. Pilot ratings for a specific task are assigned
using the Cooper-Harper Handling Qualities Rating (HQR)
scale presented in Figure 5-5.
Helicopter controllability testing is conducted to
determine the aircraft response quality and control effec-
tiveness. Response quality is primarily a function of
system lags, and control sensitivity/damping. Control
system lags can have a very adverse affect on pilot ratings,
especially for high workload tasks. Testing has shown that
control system lags on the order of 200 msec can cause pilot
induced oscillations (PIO) for VMC hover tasks. Control
system mechanical characteristics testing must consider
current conventional cyclic/collective/pedal displacement
systems and possible sidearm force controllers in the fu-
ture.
Control sensitivity is usually defined as the
control moment generated per unit of control displacement.
Control power is defined as the total moment available about
a given axis. Damping is the moment that tends to resist
the initial rotor acceleration caused by a control moment.
For the basic airframe, sensitivity and damping are primari-
ly affected by the rotor configuration. Reference 1 notes a
hingeless rotor system gives high control power compared to
an articulated rotor and even larger increases in pitch and
roll damping. Damping helps the pilot to predict the re-
sulting motion following a control input. Control sensitiv-
ity affects the initial aircraft acceleration following a
control input. Control sensitivity and damping allow the
pilot to predict the altitude change and resulting steady
state rate resulting from control input.

VI. HELICOPTER FLIGHT CONTROL SYSTEMS
A. GENERAL
Automatic flight control systems (AFCS) , as described
in Reference 12, have been around much longer than practical
helicopters. The primary concern of the early helicopter
inventors was to get their machines off the ground. Once
adequate engine power was available, the pioneer aviators
had to worry about the controllability of their aircraft.
Basic helicopter instabilities and requirements, like over
water hovers and night/IMC operations, emphasized the need
for automatic flight control systems.
A summary of helicopter automatic flight control system
development by selected companies is presented in Appendix
A. Early helicopter stabilization systems were either
mechanical or analog. Helicopter development was gaining
momentum during the 1950' s, but recall that electronically
the 1950 's can be referred to as the time of vacuum tube
technology. Discrete solid state technology came about in
the 1960's. The 1970's are referred to as the time of
integrated solid state technology. As technology improved,
digital AFCS started replacing analog systems during the
late 1970's and during the 1980's.
The V-22 tiltrotor aircraft has a triply redundant
hybrid Fly-By-Wire (FBW) system. Fly-By-Light (FBL) flight
control system technology has also been demonstrated (see
References 20 and 21) . Reference 21 summarizes a series of
simulations and flight tests under the Advanced Digital
Optical Control (ADOCS) program that were conducted to
determine the optimum side arm controller configuration for
specific mission tasks.
B. IMPLEMENTATION OPTIONS
1 . Digital Systems
Digital systems are very popular today, both in
terms of new helicopter AFCS, and as replacements for exist-
ing analog systems in helicopters involving service life
extension programs. The advantages of digital systems center
primarily around the flexibility in development, the ability
to use more complex functions, and improved self-test
capability. Reference 22 noted that Sikorsky studies in the
early 1970' s showed that two digital computers could be used
to replace six analog subsystems on the YCH-53E. The stud-
ies also showed that compared to an analog system, a digital
system would provide the following:
• Significant weight, size, and power reductions
• Improvements in reliability, logistics, and spares
• Improved development flexibility
• Improved system growth potential
• Reduced life cycle cost





• Simplicity of binary systems
• Physical characteristics
The disadvantages of digital systems are listed as:
• Susceptibility to gross errors





• Large number of elements
2 . Fly-by-Wire and Fly-by-Liqht Systems
References 24 through 26 review flight control
system criteria for advanced aircraft and new flight control
technologies for future naval aircraft. Fly-by-wire (FBW)
systems offer advantages such as:
• Installation options
• Preprogrammed product improvement easily done
• Weight savings
Negative points for FBW systems include:
• Electromagnetic Interference (EMI) susceptibility,
especially for composite aircraft, from lightning
strikes or electronic equipment radiation
. Susceptibility to fire
Fly-by-light (FBL) systems have the following primary
advantages:
. Reduced EMI susceptibility
. Reduced weight (about one half the weight of current
systems)
The primary negative points for FBL include the following:
. Susceptibility to gamma radiation
. Susceptibility to fire (not as bad as for FBW)
FBL systems have two primary advantages over FBW systems:
. Weight savings
. Reduced EMI problems
C. MECHANICAL SYSTEMS
Helicopters primarily use mechanical linkages to trans-
mit pilot control system movement to the main rotor, to the
tail rotor, and, often, to the horizontal stabilizer. The
flight control system for a typical teetering rotor helicop-
ter is presented in Figure 6-1. Cyclic control movements are
transmitted, via mixing units and the hydraulic system, to
the swash plate assembly. The swash plate assembly consists
of two concentric rings which move up and down and tilt with
respect to the shaft in response to control inputs. The
lower concentric ring does not rotate but does transmit
inputs to the upper rotating ring which transmits the input
to the blades via the blade pitch links. Moving the
cyclic control forward changes the rotor pitch cyclically
and results in the rotor tip path plane tilting forward.
The tip path plane produces a force/moment unbalance in the
longitudinal axis which results in the helicopter accelerat-
ing forward. Moving the cyclic control left or right
changes the rotor pitch cyclically and results in the rotor
tip path plane tilting left or right with the helicopter
banking and moving in the corresponding direction. Moving
the rudder pedals right or left increases or decreases the
collective pitch of the tail rotor blades. The change in
tail rotor pitch produces more (right pedal) or less (left
pedal) thrust than required to balance the main rotor
torque. The unbalanced torque produces a yaw angular accel-
eration which results in a yaw rate and an aircraft heading
change. Moving the collective control up or down increases
or decreases the pitch on the rotor blades collectively and
results in the aircraft moving up or down. A synchronized
elevator is often connected to the fore and aft cyclic
system at the swashplate to help with longitudinal trimming
as a function of airspeed.
Rotor forces on all but the smallest helicopters (e.g.,
McDonnell-Douglas OH-6, Robinson, etc.) are reduced to zero
by hydraulic servo cylinders and do not feed back into the
pilot's controls. The servo cylinders are powered by trans-
mission driven hydraulic pumps. Force trims (bungees) are
commonly used to induce force gradients in the cyclic and
directional controls. The force trims are electromechanical
units and are also used to keep the flight controls from
moving by themselves.
D. MECHANICAL STABILITY
Mechanical stability devices are simple and reliable
but are limited in the stability improvement they can pro-
vide. Three examples of mechanical gyros include the Bell
bar, the Hiller airfoil, and the Lockheed gyro.
1. Bell Bar
The Bell Bar, see Figure 6-1, was used on all
early Bell helicopters with teetering rotor systems. The
stabilizer bar is pivoted to the main rotor mast in a plane
above and at 90 degrees to the main rotor blades. If the
helicopter attitude is disturbed while hovering, the bar
tends to remain in its current plane causing the blades to
feather and return the rotor to its initial plane of rota-
tion. The mast following characteristic of the bar is
regulated by the hydraulic (viscous) dampers shown in Figure
6-1. The bar provides lagged rate damping where the equa-
tion of motion can be approximated by a first order lag as
and B ls = (6-1)
S + 1/t S + 1/t
c^*^'
Figure 6-1 Mechanical Flight Control System
Fror. Reference 27
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14. Main Rotor Grip Reservoir
15. Main Rotor Hub







23. Control Mixing Unit
24. Hydraulic Servos
25. Tail Rotor Linkage
26. 42° Gear Box
27. Tail Rotor 90° Gear Box
28. Tail Rotor Blade
where for equation (6-1) , Reference 7 notes that for the UH-
1H, t = 3 sec and 0.16 degrees of cyclic control results in
the same blade feathering angle as one degree of stabilizer
bar angle. Figure 6-2 shows the roll rate response to a
lateral step input for the UH-1H bar on, UH-1H bar canceled
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Figure 6-2 Roll Rate Response With and Without Bell Bar
From Reference 28
2. Hiller Airfoil
Hiller helicopters featured a gyro bar with small
airfoils or paddles at the ends of the bar. The paddle bar
was oriented perpendicular to the main rotor blades. The
Hiller airfoil or control rotor operates like the Bell bar
except that it uses aerodynamic damping from the airfoils
rather than viscous damping. The pilot input goes through
mechanical linkage to the swashplate and from the swashplate
directly to the control rotor. The control rotor generates
the moment reguired to change the pitch of the main rotor
blades. Both the Bell bar and the Hiller paddle bar reguire
a compromise in that only one gain can be used for both
pitch and roll stabilization. The bars provide rate damp-




The Lockheed stabilizing bar was used on the XH-
51A and AH-56A hingeless or rigid rotor helicopters. The
Lockheed system featured one bar for each rotor blade,
spaced as shown in Figure 6-3. Reference 10 notes that,
since the Lockheed rotor blade span axis is swept forward
of the feathering axis, a component of aerodynamic flapping
moment is applied to bar. The bar is excited by gyroscopic,
inertia, and aerodynamic forces. This gives the designer
more options when trying to match the rate response from the
gyro to the high control power and damping of the hingeless
rotor system. With the gyro bar, control phasing, and cross
coupling problems can occur because of large blade pitching
moments at high speed flight.
^
BLADED ROTOR
PITCH LINK FROM EACH
CONTROL GYRO ARM IS
CONNECTED TO FEATHERING
ARM OF EACH ROTOR BLADE
CONTROL RODS, WITH
UNIVERSAL JOINTS AT EITHFP
END, CONNECT SWASH PLATE
TO CONTROL GYRO
:0 MOVEMENT OF CYCLIC PITCH
CONTROL STICK LOADS SPRING CARTRIDGE
TO APPLY FORCE ON SWASH PLATE AND
GYRO IN DIRECTION OF BLACK ARROW.
HOWEVER, GYROSCOPIC PRECESSION CAUSES
GYRO AND SWASH PLATE TO TILT IN
DIRECTION SHOWN BY COLORED ARROWS.
Figure 6-3 Lockheed Rigid-Rotor Control System
From Lockheed Brochure
E. ELECTROMECHANICAL STABILITY
Electromechanical stability devices provide more
stabilization options than the simple mechanical devices,
ranging from basic rate damping to complete automatic
flight control systems. Electromechanical stability
devices include:
• Stability Augmentation System (SAS)
• Command Augmentation System (CAS)
• Stability and Control Augmentation System (SCAS)
• Automatic Stabilization Equipment (ASE)
• Autopilot
• Automatic Flight Control System (AFCS)
1 . Stability Aucrmentation Systems
Previous flight tests and simulations (see Refer-
ences 7 through 11) have shown that increased damping or
increased control power and damping result in improved
aircraft handling qualities including controllability.
Vehicle damping can not be improved much with the basic
airframe. Increased damping can be readily provided with a
SAS. A simplified block diagram of a SAS is shown in Figure
6-4.
The rate gyro senses aircraft attitude rate and com-
mands a servo actuator position. The SAS may use both
attitude and rate to command the servo actuator position and
may have limiting circuits to prevent actuator saturation in
a steady turn. The SAS thus provides basic rate damping
about a particular axis, but will not return the aircraft to




Figure 6-4 Functional Block Diagram of SAS
The CAS senses pilot control position and can be used
to help shape the response to a control input or to decouple
the response to a control input. The SCAS provides basic
rate damping feedback like a SAS, and provides a pilot
control input feed-forward loop like a CAS. The pilot
control input feed-forward loop also provides a means of
differentiating between pilot control inputs and external
disturbances. An example of the SCAS design for the AH-1G
Huey Cobra is presented in Reference 29. A functional block




ASE provides long term hold of established or set
helicopter flight reference conditions. A basic SAS can
provide improved short term handling qualities by increasing
the aircraft rate damping, but will not return the aircraft
to a reference datum following a disturbance. The ability
of the aircraft to return to trim following a disturbance or

















Figure 6-5 Block Diagram of AH-1G SCAS
From Reference 29
pilot release of the controls is very important at night or
during flight under IMC. ASE provides this ability and also
permits the pilot to introduce his own inputs through the
aircraft primary flight control system.
3.
Autopilot
An autopilot is basically an electromechanical
device designed to perform some repetitive pilot task with-
out continual pilot assistance. Reference 12 describes a
C-54 equipped with Sperry automatic pilot and approach
coupler and Bendix throttle controls, making a complete
flight from Newfoundland to England, including takeoff and
landing, on 21-22 September 1947. An autopilot would typi-
cally use both SAS and ASE to accomplish specific functions
like attitude/altitude hold, automatic steering and naviga-
tion, etc. The pilot engages the autopilot using switches
and not through the primary flight control system.
4 Automatic Flight Control System
AFCS is basically an electromechanical (optical,
hydraulic, pneumatic, etc.) device designed to enhance or
correct the basic airframe dynamics for satisfactory mission
task accomplishment and/or specification compliance. The
AFCS must provide the required level of stability, control-
lability, and pilot assistance. An AFCS will have both
inner and outer loop functions. The inner loops are typi-
cally SAS and provide short term rate damping. The SAS has
limited-authority (usually ± 10%) , fast responding series
actuators. Movement of the series actuators does not move
the pilot flight controls.
The outer loop typically employs ASE or autopilot
functions to provide long term memory to maintain selected
conditions. The outer loop may use parallel actuators with
100% authority (rate limited) to perform the ASE functions.
The parallel actuators may move the primary flight controls
as they work to maintain specific flight conditions. A
modern digital AFCS can provide a variety of functions to
help the helicopter pilot accomplish a given task. The CH-
53E dual-digital AFCS has functions like those listed below:
• Stability Augmentation System (SAS)
• Hover Augmentation and Gust Alleviation
• Roll Control Augmentation




• Pedal Force Limiting
• Longitudinal Bias
• Trim
As helicopter FBW and FBL control systems, and advanced
technology controllers and displays become more commonplace,
the AFCS options will increase.
F. FLIGHT SPECIFICATIONS
1 . Background
Flight specifications are written by the procuring
activities to ensure that the aircraft they buy are "accept-
able". Military aircraft specifications date back to the
early 1900 's, and these early documents could be considered
rather primitive (like the aircraft) by today's standards.
Reference 30 notes that the first military specification
for a heavier-than-air flying machine was the one page, 14
requirements Signal Corps Specification No. 486 of 20 Janu-
ary 1908. The flying qualities requirements of this speci-
fication were stated as follows: "Before acceptance a trial
endurance flight will be required of at least one hour
during which time the flying machine must remain continuous-
ly in the air without landing. It shall return to the
starting point and land without damage that would prevent it
immediately starting upon another flight. During this trial
flight of one hour it must be steered in all directions
without difficulty and at all times under perfect control
and equilibrium." Pilot workload requirements, in a generic
sense, were addressed indirectly as follows: "It should be
sufficiently simple in its construction and operation to
permit an intelligent man to become proficient in its use
within a reasonable length of time." As discussed previous-
ly, it was not until the mid to late 1940's that the heli-
copter became widespread in military applications. Specifi-
cations addressing helicopter handling qualities, and relat-
ed documents, did not appear until the early 1950' s as shown
in the Table 6-1 summary.
TABLE 6-1
HELICOPTER HANDLING QUALITIES SPECIFICATION DEVELOPMENT
1952 MIL-H-8501 Helicopter Flying and Ground Handling
Qualities; General Requirements
1961 MIL-H-8501A Helicopter Flying and Ground Handling
Qualities
19 62 NATO AGARD REPORT NO. 4 08, Recommendation for V/STOL
Handling Qualities, Oct 1962
1965 Suggested Requirements for V/STOL Flying Qualities,
USAAML TR65-45 RTM, Curry, P.R. and Matthews, J.T., of
Jun 1965
1967 Analytical Review of Military Helicopter Flying
Qualities, STI Technical Report No 143-1, Walton, R.P.
and Ashkenas, I.L., of Aug 1967
1968 A Graphical Summary of Military Flying and Ground
Handling Qualities of MIL-H-8501A, Technical Report
ASNF TN 68-3; Griffin, John and Bellaire, Robert of
15 Sep 1968
1968 MIL-H-8501B (Proposed, not adopted)
1970 Agard Report No. 577 V/STOL Handling Dec 1970
1970 MIL-F-83300, Flying Qualities of Piloted V/STOL
Aircraft 3 Dec 1970
1971 UTTAS Prime Item Development Specification (PIDS)
1972 A Review of MIL-F-83300 for Helicopter Applications,
AHS Reprint 643, Green, D.L., May 1972
1973 AAH PIDS
1984 MIL-H-8501A Revision Phase I awarded to STI to
establish new specifi-
cation structure
1985 Proposed MIL-H-8501B and Background Information and
User's Guide (BIUG) , STI Tech. Rpt. 1194-2 and 1194-3
of Dec. 1985
1986 Phase II (LHX) initiated
TABLE 6-1 (CONTINUED)
HELICOPTER HANDLING QUALITIES SPECIFICATION DEVELOPMENT
1986 Phase II (Generic)
initiated
1988 Draft MIL-H-8501B and BIUG, Hon, Rodger H. , et al,
USAAVSCOM Technical Report 87-A-3 of May 1988
1989 Technical review at AHS 45th Annual Forum, Boston,




The initial helicopter handling qualities specifi-
cation, MIL-H-8501, dates back to 1952. It was based pri-
marily on flight research performed at NASA Langley during
this time frame. Variable stability helicopters were used
to determine the best range of parameters such as control
power and damping. An example of early NASA Langley control
power and damping study using a variable stability R 5
helicopter is discussed in Reference 31. The handling
quality boundaries from Reference 31 as a function of damp-
ing and control power are presented in Figure 6-6. This
study noted that increasing damping improved helicopter
handling qualities. Reference 32 superimposes MIL-H-8501A
requirements on the early NASA Langley data in Figure 6-7.
Note that MIL-H-8501 is a 13 page document with a minor
revision (MIL-H-8501A) in 1961. The specification require-
ments are listed in terms of aircraft axis and special
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Figure 6-6 Handling Qualities Boundaries as a Function of
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Figure 6-7 Damping and Control Power for Acceptable
Handling Qualities (From Reference 11)
Individual MIL-H-8501A requirements are presented in
Appendix B, along with the test that a flight test activity
would use to verify that the requirement was met. Helicop-
ter technology, including aircraft subsystems, and mission
applications developed rapidly during the 1960 's and 1970' s.
Reference 31 indicates that by the early 1970' s government
test activities were finding shortcomings in MIL-H-8501A for
specific helicopters and specific mission applications.
Attempts have been made to develop a database to update
MIL-H-8501A. Reference 32 compares MIL-H-8501A, AGARD 577,
and MIL-F-83300 requirements to selected SH-60B, CH-53D, CH-
46A, XH-59A, and XV-15 data. The results of this study are
presented in Figures 6-8 and 6-9 and summarized below:
MIL-H-8501A does not give adequate guidence in
Distinguishing between hover and forward flight
conditions
Helicopter degraded AFCS flying qualities
Mission and configuration differences in hover
control power criteria
and also,
Dynamic response criteria is very lenient
Reference 32 also notes the following points:
Hover Roll Response
Substantiates low rating (level 2) given XV-15 with
AFCS off
CH-53D AFCS on response described as quite adequate
for assault mission, yet does not satisfy MIL-F-83300
Big difference in response between rotorcraft of
approximately same weight (SH-60B & CH-46A)
Yaw Rate versus Control Sensitivity (Hover)
Neither XV-15 nor ABC AFCS off met MIL-H-8501A or
MIL-F-83300 requirements
ABC yaw response described as crisp
XV-15 yaw response described as sluggish
Pitch Rate versus Pitch Control Sensitivity (Hover)
XV-15 pitch response meets MIL-H-8501A, but is still
considered level 2
Hover Longitudinal Dynamic Stability
Only MIL-H-8501A shows both VFR and IFR boundaries
(MIL-F-83300 assumes aircraft have IFR capability)
The current rotorcraft handling qualities revision
effort is designated MIL-H-8501B. Emphasis has been placed
on developing a structure for MIL-H-8501B similar to
that of MIL-F-8785C (fixed wing flying qualities specifica-
tion) and MIL-F-83300 (V/STOL flying qualities specifica-
tion) . Levels of handling qualities are based on the Coop-
er-Harper scale presented in Figure 5-5 where:
Level I < > HQR 1-3.5
Level II < > HQR 3.5 - 6.5
Level III < > HQR 6.5 - 8.5
Reference 34 defines levels as follows:
Level 1 Safisfactory without improvement, and therefore
handling qualities are adequate for the Mission
Task Element (MTE)
Level 2 Deficiencies warrent improvement, but do not re-
quire improvement. Interpretation is that
handling qualities are adequate to complete the
MTE, but with some increase in workload and/or
reduced task performance.
Level 3 Deficiencies require improvement and control can
be retained with considerable compensation.








Hover roll response comparisons








Pitch rate vs. sensitivity comparisons
Hover longitudinal dynamic
stability requirements
Figure 6-8 Rotorcraft Hover Response Compared to
Specification Requirements (Reference 32)
WtXt TO IYKWI*
Jkh.-»-*50U (vn)





Figure 6-9 Rotorcraft Forward Flight Dynamic Stability
Compared to Specifications (Reference 32)
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MIL-H-8501B (Proposed) requires a minimum of level 1
handling qualities within the aircraft operational flight
envelope (OFE) . Level 2 handling qualities are required
within the service flight envelope (SFE) . The SFE is based
on aircraft flight limits specified by the airframe manufac-
turer. The procuring activity specifies the OFE based on
required aircraft missions. The OFE will be within the SFE.
Figure 6-10 presents a MIL-H-8501B flowchart. The mission
and mission task element are first defined, and the mission
task element defines the minimum required aircraft response
type as discussed in Reference 34. A mission task element
like shipboard landing might require a rate command type
response. Mine sweeping may require attitude command,
attitude hold for pitch and roll; rate command, heading hold
in yaw; and rate command, altitude hold for height control.
A basic assumption is that, if the visual cues are reduced,
then the aircraft augmentation or display/vision aids must
be increased to maintain the required level of flying quali-
ties. Reference 34 also defines Usable Cue Environment
(UCE) levels in an attempt to measure the pilot's ability to
fly in a precise and aggressive manner with reduced visual
cues. Degraded UCE may require an upgraded control system
response type. With the minimum response type and UCE
defined, the quantitative requirements of Section 3 and the
flight test requirements of Section 4 of the proposed MIL-H-























• RESPONSE TO CONTROL
• RESPONSE TO DISTURBANCE
• CONTROLLER CHARACTERISTICS
Figure 6-10 MIL-H-8501B Flowchart Summary
From Reference 34
MIL-H-8501B (Proposed) requires demonstration maneuvers
by three pilots at the most critical aircraft configuration
with respect to handling qualities. The average handling
qualities rating (HQR) for the three pilots flying the
maneuvers must be- level I or 1 < HQR < 3.5 to meet the
specification requirements.
The flight test demonstration maneuvers include:
Precision Tasks
• Precision hover
• Precision hover in simulated wind
• Rapid hover turn
• Rapid hover turn in simulated wind
• Rapid vertical landing










MIL-H-8501B was developed primarily by research activi-
ties and departs significantly from the traditional flight
test way of doing business with MIL-H-8501A. An on-going
effort is being made to present the proposed new require-
ments to helicopter-related activities and to get feedback
from these activities. It often appears that specification
revision must be controversial by nature. The tendency is
for one organization to propose something new or different
and for another activity to shoot it down. This starts a
vicious circle and often delays acceptance of a proposed
specification for years, if it is accepted at all. The goal
is always to come up with the best criteria for both heli-
copter user and designer, and something that everyone can
agree upon. The proposed handling qualities specification,
MIL-H-8501B, will require more exposure to flight test




Flight Control Systems Specifications
Like the flying qualities specifications, the
flight control systems specifications also date back to the
mid-fifties. Also like the flying qualities specification
revision effort, the Navy is in the process of revising its
flight control system specification. In a third similarity,
the Air Force have their own rotorcraft flight control
system specification as well as their rotorcraft flying
qualities specification. Military Specification MIL-F-18372
(Aer) covered mechanical flight control systems and was
published on 31 March 1955, superseding SR-169A of 1 July
1953. Military Specification MIL-C-18244A (WEP) covered
automatic flight control systems and was published on 1
December 1962, superseding MIL-C-18244 (AER) of 16 March
1955. A Navy/NASA V/STOL Flying Qualities Workshop at
Monterey, Ca
.
, reviewed the status of AFCS specifications in
1977. The follow-up Grumman Aircraft Company, Inc., study
(Reference 35) concluded that MIL-C-18244A (WEP) and MIL-F-
18372 (Aer) did not reflect state-of-the-art design philoso-
phy. Technology advances from early flight control system
specifications include fly-by-wire and fly-by-light systems,
plus sidearm controllers. Funding constraints have hampered
the Navy flight control system specification update effort.
The current Navy flight control system specification revi-
sion effort will only cover conventional control system
design requirements. Plans include a follow-on program to
identify advanced flight control system requirements. A
chronology of events leading up to the current Air Force
flight control system specification (MIL-F-87242 ) is given
in Appendix C.
VII. METHODS OF EVALUATING HELICOPTER AFCS
A. COMPUTATIONAL OPTIONS
1. General
Computational requirements for helicopter control
system analysis will depend on the complexity of the prob-
lem. Options range from simple hand sketches to complex
control system analysis programs on mainframe computers.
Commercially available personal computer (PC) software is a
good compromise between the two extremes listed above. PC
programs can provide a quick solution for roots of a CE and
can display various plot options. This gives the designer
physical insight into the problem that, in the past, would
have taken considerable more time to obtain from hand
sketches. PC programs can provide analysis tools for
complex multi-input non-linear digital systems requiring
optimization studies. It is also important to question any
computer results, realizing an incorrect answer is still
incorrect even though it may be displayed with six or more
digits to the right of the decimal point.
Control system or stability and control text books
often refer to a computer program to aid the analysis and
may include a listing of the program code. Professor G.
Thaler of the Navy Postgraduate School (NPS) goes beyond
this to include a PC disk in his control systems book
(Reference 36) . He also dedicates a chapter in the book to
describing the program.
2. ALCON
The Automatic Linear Control (ALCON) System analy-
sis and design software was originally developed by Mr. Roy
Wood in Reference 37 as a thesis topic at NPS . The program
was developed as a learning tool to supplement basic con-
trol system courses in Electrical Engineering Department at
NPS. ALCON manipulates block diagrams and determines system
stability in the form of root locations, including root
locus, Bode, Nyguist and time history plots, plus tabular
data. The program is menu-driven and block input data can
be in either factored or polynomial form. The program is
valid for individual block numerators or denominators up to
the eighth order and with no single block polynomial
exceeding twenty-fifth order. ALCON makes no attempt to
address digital control systems or state space analysis.
Alcon is inexpensive, easy to use, and is highly recommend-
ed for basic linear automatic control systems analysis.
The program graphic options should be improved in future
versions. Similar programs should be developed as teaching
aids for digital, optimal, and other specialized control
system analysis courses and included with texts.
3 . Program CC
Systems Technology, Inc. (STI) of Hawthorne, CA.
,
develops and markets PC control system analysis and design
software including Program CC (Version 4, Reference 38) and
• Parameter Identification (PIM, by Adaptech of France)
• Linear Systems Modeling Program (LSMP)
• Freguency Domain Analysis Routine (FREDA)
• Model Fitting Program (MFP)
Program CC is a comprehensive control systems analysis
software package for PCs. It includes freguency domain
analysis, time domain analysis, stochastic analysis, classi-
cal systems, sampled data systems, multi-output systems,
state space methods and optimal control procedures. It
features extensive graphics capabilities with the ability to
interactively change the plot or call up specific item of
interest from the plot. Program CC can be extended to
system identification using the PIM program. LSMP program
can be used to input and analyze transfer function matrices,
like eguations 4-7 - 4-10, without having to get them into
state space format. FREDA can be used for freguency domain
system identification with LSMP. The MFP program can be
used to fit the freguency responses of multiple measured
systems to one or more continuous transfer function models.
Program CC by itself, or especially in conjunction with the
other STI programs listed, forms a very powerful set of
software for linear control system analysis using a PC.
These programs are expensive for an individual looking for
PC control system analysis software, and are normally used
by companies, government agencies, and colleges. Although
Program CC comes with considerable documentation, it is the
author's opinion that the biggest weaknesses of the program
are the lack of complete examples and the lack of an appli-
cations manual. The biggest program limitation is the
inability to solve non-linear problems. Most of the exam-
ples in this study involve the use of Program CC.
4. TUTSIM
The TUTSIM PC program is marketed in Palo Alto,
Ca
.
, by Applied i and can be used for both linear and non-
linear control system analysis. Using TUTSIM involves
developing the control system equations or mathematical
model, setting up the model in a analog computer type simu-
lation block diagram, and finally inputting the model.
Models can be readily set-up using elements like integra-
tors, summers, attenuators, and gains in a numbered se-
quence. The input or output of each numbered element can be
tabular or graphical. The TUTSIM program comes in a Short
Form which allows 15 blocks, a Collegiate Form which allows
35 blocks, and the Professional Form which allows 999 blocks
per model. Cost of the program is a function of the form
selected. TUTSIM is well suited for control system problems
set up in the time domain and containing nonlinear elements.
It has first and second order Laplace blocks, but is not as
convenient for solving linear problems expressed in the
Laplace or S domain as the previous PC programs.
An ideal Control System PC program would incorporate the
best features of Program CC and TUTSIM and retain the user
friendliness and low price characteristics of ALCON. Many
other PC controls programs are available and are often
listed in control system magazines.
B. ANALYTICAL PROCEDURES
1. General
The helicopter AFCS is designed to improve the
flight characteristics or controllability of the basic
airframe and thus improve the pilot's ability to perform a
specified task. Helicopter AFCS • s can be evaluated analyti-
cally in the pre-design or design stages. The AFCS can also
be evaluated by using simulation, with or without a pilot
in the loop. The final evaluation, prior to acceptance,
must include a flight test program.
Several graphical analytical procedures are available
to evaluate control systems. The procedures center around S
plane analysis, frequency response analysis, and transient









No attempt is made to derive these methods, since the
information is available in References such as 16 through
18. The techniques are summarized and enough information is
presented to provide a quick reference to a person design-
ing or evaluating a helicopter AFCS
.
2 . S Plane Analysis
a. Root Locus. The root locus method, developed
by W.R. Evans, shows the variation of the closed loop poles
of the CE as the open loop gain is varied. The location of
the closed-loop poles in the S plane determines the tran-
sient response of the system. Recall that Figure 5-3 shows
the stability region of the S plane and illustrates system
frequency and damping. Root locus plots of simple systems
with factored transfer functions can be readily constructed
by hand. Higher order systems and specific closed-loop pole
location in the S plane as a function of gain can be deter-
mined with a personal computer. Higher order transfer
functions may also be partitioned and two-parameter root
locus plots constructed as shown in Reference 36. General
rules for constructing root locus plots include:
• Root locus plots are symmetrical with respect to the
real axis
• There are as many root locus branches as there are open
loop poles
• The root loci originates at the open loop pole
• The root loci terminate at the open loop zero or
at infinity
Specific rules/parameters used in constructing a root
locus graph are presented below:
(1) Angle and Magnitude Criteria
As noted above, any point on the root locus must satis-
fy the angle and magnitude criteria:
Angle










(2) Number of Loci
The number of loci is equal to the number of open-
loop transfer function poles.
K(S + 1)
If the transfer function is GH(S)= (7-3)
S(S + 2)
then it has two poles (p-^ = and p 2 = -2) and hence
two loci paths in the root locus plot.
(3) Real Axis Loci
For K > 0, the real axis loci are located to the left
of an odd number of finite poles and zeros.
For K < 0, the real axis loci are located to the left
of an even number of finite poles and zeros.
If GH (S) = MS +U = KLZ ;1 (7-4)S(S+2) (Pi)(P2 )
INTHESPLANE ^ Q ^
FORK>0 ^ V O +1
REAL AXIS LOCI
Figure 7-1 Root Locus Plot Showing Real Axis Loci
(4) Asymptotes
As the system gain (K) is increased, the branches of
the root locus plot approach straight line asymptotes. The
gravity centroid {€„„) can be calculated as
5 Pi - 2 z
i=l i=l
?cg " ( 7
~ 5 )
where p^ = poles
Zi = zeroes
If
= number of poles








Breakaway points are points on the real axis where
two or more branches of the root locus arrive or
depart. The location of the breakaway points (o^) can





GH(S) = = K[S(S + 1)] 1 = K(uv) 1 (7-9)
S(S+1)
-^— GH(S) = K[S_1 (S+1)" 2 (1) + (S+l) -1 S" 2 ] (7-10)
ds
K K 1 1
ds S(S+1) 2 (S+1)S 2 S+l S
(7-11)
and S = - which is the long way to show the obvious!
2
The breakaway points can also be obtained by solving the
following equation
n m
1 1_ = 2 L_ (7-12)
i=l ab+Pi i=l oh+z i
where - p^ and - z^ are the poles and zeroes of GH.
This equation requires factoring an n + m - 1 order
polynomial and it is suggested, that if possible, to
let the computer solve for the breakaway points on higher
order systems.
(6) Departure and Arrival Angles
The angle at which the root locus departs a complex pole
(8D ) is given by
6 D = 180° + arg GH (7-13)
The angle at which the root locus arrives at a complex poles
(6A ) is given by
6A = 180° - arg GH (7-14)
Arg GH is the phase angle of GH calculated at a complex
pole or zero while ignoring the effect of that pole or zero.
3. Frequency-Response Analysis
Frequency-response analysis involves evaluating
the system response to sinusoidal inputs of varying frequen-
cy. Sinusoidal inputs or frequency sweeps are used for
aircraft automatic flight control system evaluations and for
obtaining aircraft parameter identification data. Fre-
quency-response analysis data are usually presented graphi-
cally and shows the relative or absolute stability of the
system. The graphs can be constructed by hand for relative-
ly simple systems to give quick approximations needed in
initial studies. Constructing the graphs by hand can become
very time consuming, especially if several iterations are
required for the final design. Frequency-response analy-
sis can be readily performed using a personal computer. A
personal computer, with frequency analysis software, facili-
tates analysis of more complex systems, includinq compensa-
tion requirements for the systems. Personal computer con-
trol system software can be used for Bode, Nyquist, or
Nichols analysis.
a. Bode Analysis. Bode or logarithmic plots consist
of the magnitude of GH(jw) in decibels and the phase angle
of GH(jw) in degrees, plotted as a function of logarithmic
frequency (w) . Certain basic factors occur very frequently
in transfer functions. Understanding these basic factors
can make sketching a Bode plot very easy. Adding the curves
on the logarithmic Bode plot corresponds to multiplying the
factors of the transfer function. Bode factors commonly
found in transfer functions are summarized in Table 7.1.
The straight line factors in Table 7-1 are asymptotic ap-
proximations to the actual Bode curves. The difference
between the actual curve and asymptotic approximation is a
function of the type factor, damping ratio, and specific
frequency. With a first order factor the maximum magnitude
variation between the two curves is 3 db and it occurs at
the corner or break frequency. For a quadratic factor with
a damping ratio of .707, the difference between the asymp-
totic and actual Bode curves at the break frequency is also
3 db. Straight line asymptotic approximations are easy to
construct and are often satisfactory for determining the
system stability. If the system has first or second order
factors with break frequencies in the area of interest, then
it is important to apply the asymptotic corrections or let
the computer do the plotting. Examples showing both the
straight line Bode asymptotic curves and actual curves are
presented in texts like References 16 and 17.
References 12 and 38 discuss using Bode siggy and Bode
root plots to augment the information on standard root locus
and Bode plots. The standard Bode plot is not convenient
TABLE 7-1
COMMON BODE FACTORS
Type Nuit or Factor Break Magn.Ltude Phase
Factor Denom Form Point Value Slope Deg
db db/dec
gain N K None 201og10K
D 1/K None 201og10K
integral N jwn w=0 f(w) +20n +90n
& constant
derivative D l/(jw) n w=0 f(w) -20n -90n




order D l/(l+jwT) w=l/T f(w)
w>l/T
-20 — > -90
*>=-4 5°@w=l/T
N






1+2V( jw/wn+(jw/wn ) 2 w/wn=l f(w/w(w/w
n )
-40 — > -180
>1 =-9 0°@w/wn=l
for determining the closed loop poles locations. The stand-
ard root locus plot can be used to determine closed loop
root location but is not convenient for studying gain sensi-
tivity of the closed loop poles. Reference 38 notes that it
is best to think of the Bode siggy and Bode root locus as a
root locus plotted on a Bode plot. The Bode siggy uses only
the real part of S = a + jw, which explains the name. The
Bode root locus corresponds to a complex conjugate pair.
Program CC uses different plotting symbols to distinguish
between stable and unstable siggy and Bode root loci.
The standard plotting notation (Reference 38) is summarized
below:
stable siggy, a <
unstable siggy, a >
stable Bode root locus, Re(S) >
........ unstable Bode root locus, Re(S) <
Bode plots can be used to determine the system gain and
phase margins. Bandwidth, a term used frequently in the new
proposed helicopter handling qualities specification, is
also defined in terms of the closed loop Bode plot. Figure
7-2 illustrates Bode plot criteria important to helicopter
controllability studies. For system stability, both phase
and gain margins have to be positive.
arg GH(jco)
DEG
Figure 7-2 Bode Plot Criteria
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A = Phase margin. It is the number of degrees that the
phase curve [arg GH(jw)] is above minus 180 degrees, at the
frequency corresponding to zero magnitude in dB (also re-
ferred to as the gain crossover frequency) . Phase margin is
indicative of relative stability and, for satisfactory
control system performance, should be between 3 degrees and
60 degrees (Reference 17). Phase margin is related to
system damping and Reference 17 notes that for damping
ratios (?) < 0.7, that ? = 0.01<JLm . This approximation is
valid for second order systems or for higher order systems
with transient response due to a pair of dominant under-
damped roots.
B = Gain margin. It is the number of dB that the magnitude
curve | GH | is below zero dB at the frequency corresponding
to minus 180 degrees phase (also referred to as the phase
crossover frequency) . The gain margin is also indicative
of relative stability and should be greater than approxi-
mately 6 db for satisfactory system performance.
C = Slope of the Bode magnitude curve. In the region of
gain crossover frequency, it is desirable to have a "fair
stretch" of -20 db/decade slope for stability considera-
tions.
D = Bandwidth. The bandwidth is usually defined as that
frequency at which the closed-loop Bode magnitude curve is
down -3 db from the low frequency value. The Background
Information and User's Guide (BIUG) (Reference 34) for
proposed MIL-H-8501B defines the gain bandwidth as the
lowest frequency at which 6 dB of gain margin exits. The
phase bandwidth is defined as the lowest frequency at which
a phase margin of 45 degrees exists. Bandwidth is indica-
tive of system speed of response and, as the bandwidth
increases, the system rise time to a step input decreases.
Reference 16 notes that the specifications for bandwidth are
determined by the ability to reproduce the input signal
(speed of response) and the necessary filtering required for
high frequency noise. To track arbitrary inputs accurately,
a high bandwidth is required. A high noise environment,
especially at high frequencies, will dictate a lower band-
width. A design compromise is required to get the best
system for the opposing specifications.
E = Resonant peak. The resonant peak, M w , is indicative
of the system overshoot to a step input.
b. Nyquist Analysis. Nyquist stability criterion was
first published by H. Nyquist in a Bell System Technical
Journal in 1932. The stability criterion is based on the
theory of complex variable and the development involves
conformal mapping of s plane functions into the F(S) plane.
The Nyquist polar plot is constructed by plotting magnitude
of GH(jw) and phase angle of GH(jw) as w varies. Recall
the closed loop system characteristic equation:
1 + G(S)H(S) = (7-15)
or G(S)H(S) = -1 (7-16)
The Nyquist criteria relates system stability to the
number of encirclements of Z = - 1 point in the complex
plane. It is usually expressed as :
Z = N + P (7-17)
where (from Reference 16)
,
Z = number of right-half S plane [1 + G(S)H(S)] zeros
N = number of CW encirclements of -1+jO point
P = number of right-half S plane poles of G(S)H(S)
If P = 0, there are no G(S)H(S) poles in the right-half
S plane, and for stability there must be no encirclement
of the -1+jO point by the G(jw)H(jw) locus.
If P + 0, there are G(S)H(S) poles in the right-half S
plane, and Z must equal 0, or N must equal -P, for stabili-
ty. Since N = number of CW encirclements of the -1 point,
then there must be P counterclockwise encirclements of the
-1+jO point for stability. The Nyquist plot can be used
to determine the relative stability of a feedback control
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Figure 7-3 Nyquist Plot Criteria
c. Nichols Chart Analysis.
The Nichols Chart, a modification of the Bode and
Nyquist plots, was developed by N.B. Nichols and documented
in a "Theory of Servomechanisms " publication in 1947
(Reference 39). It consists of plotting db magnitude of
G(jw) versus phase' angle of G(jw) in degrees in rectangular
coordinates, as frequency w is varied. Gain margin and
phase margin on the db magnitude versus phase angle plot
correspond to axis crossings, as shown in Figure 7-4.
The Nichols chart also has contours of constant M (db) and N
(deg) lines superimposed on the rectangular coordinate





in db and phase
tours, the closed loop freguency response can be determined
by reading the magnitudes and phase angles at various fre-
guency points.
dB MAGNITUDE
Figure 7-4 Nichols Plot Criteria (M and N Contours Not Shown)
4 . Transient-Response Analysis
Helicopter control system design requirements are
often presented in terms of time-domain quantities. These
quantities are usually related to the response of a second
order system to a unit step input with zero initial condi-




























Figure 7-5 Transient Response Criteria
where from Figure 7-5:
TD = Delay time. It is the time required for the response
to reach 50% of it final valve,
TR = Rise time. It is the time required for the response
to reach either 90% (overdamped) or 100% (underdamped)
of its final valve.
Tp = Peak time. It is the time required for the response to
reach the peak overshoot.
T
s
= Settling time. It is the time required for the response
to settle within bounds of either 5% or 2%.
Mp = Maximum percent overshoot. It is the peak valve of the
response.
Ess = Steady State Error. It is the amount by which the
steady state response fails to stabilize on unity.
Reference 34 notes that the subsidence ratio and
transient peak ratio are used to determine an effective
second-order damping ratio for proposed MIL-H-8501B require-
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(7-20)
The requirement is to achieve rapid response with
minimum overshoot and steady state error. Speed of response
is determined by TD , TR , and Tp . Accuracy of the response
is a function of Mp , Ts , and Ess - Rise time and maximum
overshoot requirements conflict with each other and both
parameters can not be made smaller at the same time. Again,
a compromise is required between speed of response and
accuracy of response.
The parameters shown in Figure 7-4 may be picked off of
a personal computer generated time response plot. The
values may also be calculated for second order systems based
on equations presented in References 16 and 17 and summa-
rized in Figure 7-6.
s 2 %
?




p = Damping coefficient
w
n
= Undamped natural frequency
Damped natural frequency = wny 1 - P
J




Figure 7-6 Transient Response Definitions
The transient response relations of Figure 7-6 are
valid for second-order systems. The relations also give
good approximations for higher order systems that are char-
acterized by a pair of dominant roots. Reference 17 notes
that the second order relations can be applied to third
order systems as long as the real part of the dominant roots
is less than 0.1 of the real part of the third root. Refer-
ence 17 also points out that the second order relations are
only valid for transfer functions without finite zeros.
Finite zeros located near the dominate poles will signifi-
cantly effect the transient response. For higher order
systems or systems without a clearly dominant pair, it is
best to let the computer calculate and plot the step re-
sponse.
5. Compensation
Compensation can be used to improve the basic
helicopter handling qualities including controllability.
The type of compensation required will depend on the air-
craft mission, the mission environment, and on applicable
specification requirements. Specification requirements are
generally presented in terms of system accuracy, stability,
and/or speed of response. Requirements may be presented in
the frequency domain or time domain. Compensators may be
added in series with the plant transfer function or they may
be added as part of a feedback loop. Reference 16 notes
that, in general, series compensation will be simpler than
feedback compensation. Series compensators come in the form
of lead, lag, or lag-lead networks. These compensators
increase the system order.
Compensators are often designed using a trial-and-error
approach and iterating until a given specification has been
met. The result of the trial-and-error process may only be
a compromise between the relative stability and steady-state
error requirement of the system. Compensation design tech-
niques discussed in References 16 and 17 may be used to
speed up the process of meeting a given specification. If
the specifications are given in the frequency domain (phase
margin, gain margin, bandwidth, etc.), it is convenient to
use a frequency domain approach like the Bode analysis. It
is also convenient to use a frequency domain approach when
analyzing special problems like high frequency structural or
noise problems. If the specifications are given in time
domain (rise time, maximum overshoot, settling time, etc.),
it is convenient to use the root locus approach for compen-
sation design. Note that adding zeros to the open-loop
transfer function tends to pull the root locus to the left
in the S plane making the system more stable. It also tends
to speed up the transient response of the system. On the
other hand, adding poles to the open-loop transfer function
tends to pull the root locus to the right in the S plane
making the system less stable.
a. Lead Networks. If the compensator is given as:
K(S + Z)
Gc<s> = ^ITTT (7 " 21 >
and if |z| < |p|, the compensator is referred to as a lead
compensator. The lead compensator is also referred to as an
approximate differentiator since for |p| much larger than |z|






Lead tends to increase the phase on the Bode argument plot,
hence the phase margin. Lead can also be used to increase
the system bandwidth and hence speed of response. On the
other hand, lead, which is basically a high pass filter,
tends to reduce the system low frequency gain. Reference 16
points out that a single lead compensator should not be
designed to produce more than about 60 degrees phase lead
because of the resulting high system gain requirements.
Lead compensators may be used in series if more than 60
degrees phase lead is required. Reference 16 also notes
that if the slope of the system open loop Bode phase angle
plot decreases rapidly near the gain crossover frequency,
lead compensation becomes ineffective.
b. Lag Networks. If the compensator is given as:
P (S + Z)
GC (S) = — with |z| > |P| (7-23)
Z (S + P)
it is referred to as a lag compensator. The factor P/Z is
the gain adjustment. If a system has satisfactory transient
response but poor steady-state characteristics, a lag
network may be required. The lag compensator is also re-
ferred to as an approximate integrator or low-pass filter.
It passes low frequencies, thus permitting high gains which
reduce steady-state errors. A lag network attenuates at
high frequencies and will shift the gain crossover frequency
to a lower frequency. The gain crossover frequency shift is
accomplished with only a small change in the phase angle
plot at the crossover frequency. The lower crossover fre-
quency will thus have an increased phase margin. In the S
plane, the pole and zero of the lag compensator are placed
close to the origin. This means that the net root locus
angle contribution from the pole and zero will be very small
(< 5 degrees, Reference 16) and the system transient re-
sponse will be effectively unchanged.
c. Lag-Lead Networks. If the compensator is given as:
(S + Z
± )
(S + z 2 )
GC (S) = where | P 1 1 > | P 2 | (7-24)
(S + P
x )
(S + p 2 )
with Z-lZ 2 = P X P 2 for implementation, the compensator is
referred to as a lag-lead compensator. A lag-lead compensa-
tor can be used for improvements in both the transient and
steady-state response. The lag-lead compensator combines
the advantages of both lead and lag networks into a single
network, and results in:
• Increased phase margin (stability)
• Increased bandwidth (speed of response)
• Reduced steady-state error (increased low
frequency gain)
• Reduced high frequency noise and structure problems
d. Notch Filters. Notch filters are sometimes used on
modern helicopters with digital flight control systems to
eliminate high frequency resonance problems. The resonance
problems would otherwise require modification of the aircraft
control flight system or aircraft basic structure. Refer-
ence 21 describes a resonant problem with the UH-60A Ad-
vanced Digital Optical Control System (ADOCS) program during
forward flight climbs and descents. High aircraft structur-
al vibration would feed through the pilot's arm into the
multi-axis side-stick controller (SCC) and result in pilot
induced oscillations (PIO) . The pilot/airframe coupling was
documented as occurring at 6.5, 6.34, and 5.8 Hz in the
collective, directional, and longitudinal axes, respective-
ly. Digital notch filters were used to eliminate the PIO
tendencies. A notch filter has the basic form:
(S 2 + 2p w S + w2 ) (s + a)
GC (S) = —Z Z (7-25)




is the frequency to be eliminated
^ n is the numerator damping coefficient
^ ^
is the denominator damping coefficient
a is the break frequency of the first order term
used to give the filter TF a -20 db/dec slope
(a * 3 wn )
^n
.
— determines the height of the notch
7 d
A notch filter can be easily implemented on personal
computer programs like Program CC using a low value for ° n
(for example, 0.001) , a nominal value for y ^ of 0.5, and
setting a = 3w
n
so it would not have any effect on the area
of interest. The notch filter increases the order of the
system and the system cost. Also, if the resonant frequency
(wR ) varies as a function of operating condition, then wn
would have to track wR for the notch filter to work. A wide
notch or band-reject filter would work for some variation in
w
n ,
but this type filter system would be relatively complex.
6 . Example Using Analytical Procedures
The analytical procedures used for a specific AFCS
problem will depend on the problem requirements, problem
information available, and available analysis equipment.
Consider the open loop transfer function presented in
equation 7-2 6.
150 (S + 2)
G(S) = (7-26)
S(S + 10) (S^ + 4S + 16)
The closed loop transfer function can be expressed as
C(S) G(S) 150(S + 2) (7-27)
R(S) 1 + G(S) S q + 14S J + 56S^ + 310S + 300
From equation 7-27 , the characteristic equation 1 + G(S) is
CE = S 4 + 14S 3 + 56S 2 + 310S + 300 = (7-28)
Figure 7-7 presents the roots of equation 7-28, and shows
that the closed loop system is stable. The Routh criteria
can also be used, as shown in Figure 7-8, to calculate the
stable range of gains (0 to 2.36) for the transfer function.
Equation 7-26 can be expressed as
150k(S + 2)
G(S) = (7-29)
S(S + 10) (S + 2 + J3.464)(S + 2 - J3.464)
which is suitable for root locus hand sketches or computer
plots, as shown in Figure 7-9. Information on root locus
plot construction is shown in Figure 7-10.
In the frequency domain, equation 7-26 can be expressed as
150(jw + 2)
G(jw) = (7-30)
jw(jw + 10) ((jw)^ + 4jw + 16)
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and, in Bode form, equation 7-30 becomes
150(2) (jw/2 + 1)
G(jw) = (7-31)
(10) (16) jw(jw/10 + l)[-(w/4) 2 + jw/4 + 1]
150(2)
where = 1.875 = KB = Bode gain and in decibels
(10) (16)
KB = 201og10 1.875 = 5.46 db
Using equation 7-31 and Table 7-1, the Bode magnitude and
phase plots for the individual transfer function terms can
be sketched as shown in Figures 7-11 and 7-12. Note that
the break points on the phase plot, Figure 7-12, occur at
frequencies (.2)(1/T) and (5)(1/T) where from Table 7-1, w =
1/T. It is easier and more accurate to sketch the Bode
phase using designed plotting templates. The individual
Bode plot magnitude and phase components are added together
for the composite plots. The Bode composite plot shown in
Figure 7-13 can be readily constructed if tabular data on
the magnitude and phase as a function of frequency is avail-
able. Tabular Bode data for composite plots can be generat-
ed by either hand calculator or PC programs as shown in
Table 7-2.
A PC program, like Program CC, can be used to supplement
the standard root locus and Bode plots with siggy and Bode
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The tabular magnitude and phase data as a function of
frequency can also be used to construct Nyquist and Nichols
plots as shown in Figures 7-15 through 7-17. Note that the
phase margin (44 deg) and the gain margin (7.5 db) from all
the frequency response methods agree.
The transient response to a closed loop unit step input
is shown in Figure 7-18. Values for each oscillation are
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C. SIMULATION
Simulation can be used to evaluate the feasibility of
an automatic AFCS design, to determine control system design
enhancements, and to verify that the system is ready for
flight test. The process starts with a good understanding
of the physical system or helicopter to be simulated, in-
cluding mission requirements and state-of-the-art AFCS
design options. A mathematical model of the basic helicop-
ter or plant is next developed/acquired and its stability
requirements for the mission evaluated. System analysis can
be performed using time history and frequency response
matching in conjunction with the analytical graphical proce-
dures discussed previously. Following the analysis of the
basic helicopter stability requirements, the compensator or
AFCS is added to the model. The system analysis process is
repeated and the results compared to the design require-
ments. If the design requirements are met analytically the
model should be implemented on a flight simulator to get
qualitative pilot opinions of the system. This evaluation
should include looking at any flight control failure modes
or safety-of-flight items. Following the successful comple-




Flight testing is the final stage in the validation of
an helicopter AFCS before it reaches the intended user. The
length and scope of the flight test program will depend
heavily on the thoroughness of the work accomplished during
the analysis and simulation testing. Test team members
should be familiar with the design specification require-
ments, AFCS system simulation results (especially failure
analysis and lessons learned data) , and basic aircraft
flying qualities, performance, and mission requirements.
The initial test effort should focus on a human factors
evaluation, including the AFCS cockpit layout, switch func-
tions, and cockpit lighting. Prior to flight, an electro-
magnetic interference/vulnerability (EMI/EMV) evaluation
should be conducted to verify that the AFCS does not inter-
fere with other aircraft systems and vice versa.
The AFCS test aircraft should have a standard AFCS
configuration and should have instrumentation to measure
basic unaugmented FQ&P parameters plus AFCS switch and
actuator positions. Testing should include the following:
• Basic switching transients and failure analysis
• Short term system performance
• Frequency sweeps
• Mission related tasks
• Reliability/Maintainability analysis
Switching the AFCS , or any channel/function of the
AFCS, ON, or OFF should not produce undesirable transients.
Failure possibilities in the form of rapid actuator hard-
overs, rate-limited hardovers, and oscillatory hardovers
should be analyzed. Testing should be conducted using a
gradual build-up in amplitude of the actuator hardover as
set with a control input box. The aircraft response to the
programmed actuator hardover should be recorded and evaluat-
ed in terms of mission accomplishment and specification
compliance.
Short term system performance can evaluated using
procedures described in helicopter test manuals, like Refer-
ence 8. Note that Reference 8 does not specifically address
AFCS testing. Step, doublet, and pulse control inputs are
commonly used to check the AFCS short term system perform-
ance. Aircraft response, with the AFCS engaged, can be
compared to specification requirements and evaluated in
terms of mission accomplishment. Reference 11 summarizes
desirable aircraft response to step inputs in a hover, based
on several flight test and simulation studies. The data
presentation format, as shown in Figure 7-18, does not
specify levels of flying qualities, but is convenient for
quickly evaluating flight test data. Level one handling
qualities (1 < HQR < 3.5) are desired for all mission tasks.
Rotorcraft AFCS test manuals and AFCS specifications which
reflect state-of-the-art equipment and procedures, are
needed.




Steady Rate, cleg sec
Desirable
Roll





10 20 30 40 50 60
Steady Rate. deg sec
Figure 7-18 Aircraft Response Options for Step Input in
Hover (From Reference 11)
Frequency sweeps can be used to evaluate the aircraft
AFCS stability, to determine and isolate AFCS lags, to
obtain information for parameter identification studies, and
to get bandwidth data for the new proposed handling quali-
ties specification. Sinusoidal control inputs of varying
frequency can be used for magnitude and phase plots using
Bode and/or other formats. Reference 4 describes frequency
response testing with the XV-15 aircraft. Reference 34
describes procedures for using frequency sweeps to determine
rotorcraft bandwidth for requirements in the proposed han-
dling qualities specification MIL-H-8501B.
Mission-related tasks can be used to evaluate the long
term AFCS performance as well as mission suitability.
Operational missions may require tasks like long distance
navigation or night automatic approach to hover over a point
at-sea. Pilots can use the HQR scale presented in Figure 5-
5 to evaluate each task and the overall mission.
It is important to keep data on the reliability and
maintainability (R&M) of the AFCS both during the test
program and during follow-on operational flying. The R&M
information can be used to construct a lessons learned
database and help prevent the same mistake from occurring
twice.
Safety must be paramount in any flight test program.
This is especially true for aircraft with high authority
digital fly-by-wire flight control systems. Qualified
personnel must be assigned at all levels of the program.
Careful planning must be conducted, taking advantage of
lessons learned from previous programs. Standard test
procedures must be utilized, with gradual build-up approach-
es. Careful monitoring must be performed on all test data.


















VIII. SIMULATION OF GENERIC HELICOPTER AND AFCS
A. CONTROL INPUT TRANSFER FUNCTIONS
Control input transfer functions can be studied to show
basic helicopter stabilization and controllability require-
ments plus application of the analytical tools discussed
previously.
1. Pitch Attitude Feedback - Hover
The feedback of pitch attitude to longitudinal










Figure 8-1 Block Diagram Showing Pitch Attitude Feedback to
Longitudinal Cyclic in Hover
Recall from equation 4-5 that in a hover, the helicopter
plunging mode (w) is uncoupled from airspeed (u) and pitch
attitude (9) . The longitudinal hover cubic was presented as
equation 5-3. Using the Reference 12 notation discussed
previously, the open loop pitch attitude to longitudinal
control transfer function for a generic single rotor hover-





long 6 B< S > < S + VT.JCS
2
+ 2^3 + w2 )
where ?< 0. Using stability derivatives of Reference 12
for a single rotor helicopter, equation 8-1 becomes




<5 n (S) (S + .874) (S^ + (2) (-.25) (.473)S + .473^)D
or
6(S) 6.65 (S - .00109)




Standard sign convention are used where back stick ( + ) (or
up elevator (-) in fixed wing terms) produces a nose up ( + )
pitching moment. Equation 8-3 has a relatively low
frequency unstable complex pair plus a numerator factor
(1/T ) close to the origin and in the right hand plane. The
open loop system is thus unstable and is characterized by a
divergent oscillation as shown in Figure 8-2. Feeding back
pitch attitude can stabilize the system as shown in the
Figure 8-3 root locus plot. This effect of pitch attitude
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large attitude indicators commonly seen in helicopters. If
the root locus gain is increased above k = 27, the system
becomes unstable. The instability is caused by a closed
loop root crossing into the right half S plane as it ap-
proaches the open loop zero, as shown in Figure 8-4. Also
note that with attitude feedback alone it is not possible to
get a damping ratio greater than approximately Q = .225 for
the complex pair as shown in Figure 8-5.
Reference 12 notes that both pitch attitude and pitch
rate feedback are required for most helicopters and VTOL





Figure 8-6 Block Diagram Showing Pitch Attitude and Pitch
Rate Feedback to Longitudinal Cyclic in Hover
For simplicity, we let 1/T. = 1/T = -.874, KQ = 1, and























S - .2365S + .223729
which effectively reduces the denominator of equation 8-3 to
second order. A root locus plot for transfer function GL1
is presented in Figure 8-7. This figure shows that initial
increases in root locus gain tend to stabilize the system
plus increase system damping. Figure 8-7 also shows the
closed loop roots for two values of gain. The first pair of
closed loop roots are complex and correspond to a constant
second order damping or zeta of approximately 0.707. A
small increase in gain brings the complex roots to the real
axis, as shown by the second pair of closed loop roots.
Increasing the gain will eventually drive the system unsta-
ble due to the numerator root or zero in the right half S
plane. The open-loop Bode plot presented in Figure 8-8
shows a "fair stretch" of -20 db/dec magnitude curve slope
in the vicinity of the gain crossover frequency. The Bode
phase plot starts at +90 degrees and goes to +270 degrees as
a result of the roots in the right half S plane (non-minimum
phase) . Figure 8-9 presents the Bode magnitude asymptotes,
Bode root locus, and siggy curves. This graph shows the
closed loop root movement. It shows at what gain the closed
loop roots cross into the left half S plane, and when the
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2. Pitch Attitude Feedback - Forward Flight
In forward flight the aircraft longitudinal, verti-
cal, and pitching motion is coupled as shown in equation
4-7. The characteristic equation is fourth order with two
pairs of complex roots which resemble conventional aircraft
short period (?__» WSD ) and phugoid (f , w ) modes of mo-
tion. Unlike the conventional "well behaved" aircraft of
Reference 12, the low frequency complex pair from the
example helicopter is located in the right hand plane.
The feedback of pitch attitude to longitudinal control is
shown in Figure 8-1. The open loop pitch attitude to longi-
tudinal control transfer function in forward flight can be
expressed as
N% AQ (S + 1/TQ1 ) (S + 1/Te2 ) (8-5)
At (S
2
+ 2fw + w2 ) (S 2 + 2P w + w2 )
^long v >p p p' v )sp sp sp'
Using the Reference 12 stability derivatives for a single
rotor helicopter in forward flight at approximately 70 kt
9(S) -7.1(S + .0249) (S + .843) (8-6)
<5
B
(S) (S 2 - .0329S + .1444) (S 2 + 1.9068S + 1.1025)
9(S) 7.1(S + .0249) (S + .843) (8-7)
-«
B (S)
Figure 8-10 presents the root locus plot for pitch
attitude feedback transfer function in forward flight and
shows closed loop roots for two values of root locus gain.
This plot shows that feeding back pitch attitude tends to
stabilize the "phugoid" roots, but reduces the "short
period" root damping. The corresponding Bode plot is shown
in Figure 8-11.
Reference 12 also notes that pitch rate can be fed back
to improve short period damping. Pitch angle and pitch rate
feedback is discussed for high altitude, high speed fixed-
wing aircraft flight, and is called "almost universal" in
modern aircraft automatic flight control systems.
Pitch attitude is obtained from an attitude gyro and can
be considered a pure gain with no lag. Pitch rate can be
obtained from a rate gyro, which has a second order lag with
a natural frequency of approximately 20-30 Hz. The rate
gyro can usually be considered a pure differentiator of the
form G = K-S. The output from the attitude and rate gyro
combination would have the form G = K
ft
+ K-S = T_S + 1.
Using lead compensation in the forward loop, equation 8-7
becomes
G(S) 7.1(S + 1/T ) (S + .0249) (S + .843) (8-8)
- <*
B
(S) (S 2 - .0329S + .1444) (S 2 + 1.9068S + 1.1025)
Comp
Reference 12 implies that, for the "well behaved" aircraft
discussed, placing 1/T before \/1 could result in a low
« E id ft W
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dc gain and placing it after w could result in stability
sp
problems. Selecting 1/T- = - 1.05, gives the root locus
plot shown in Figure 8-12. Note that the added lead effec-
tively damps the so-called "phugoid" roots. With enough
gain, both complex pair of roots can be driven down to the
real axis.
3. Altitude Feedback - Forward Flight
Altitude control is important in helicopter missions
ranging from nap-of-the-earth flight to long-distance, low-
level navigation flight. It is also very important to basic
take-off and landing phases of flight. The primary altitude
controller in a helicopter is the collective control (6 ),
especially during low speed flight or for large altitude
changes. Altitude changes in forward flight may also be made
with the longitudinal cyclic control (<$ R )« This study will
consider using longitudinal cyclic to control altitude.
The altitude to longitudinal control transfer function in
forward flight is given in Reference 12 as
MS)
_
Ah (S + 1/Th ) (S
2
+ 2frhWh + wg)
6 n (S) S(S
2
+ 2P w + w 2 ) (S
2
+ 29 w + w 2 )B v ' v >p p p' v >sp sp sp'
(8-9)
and the stability derivatives for the Reference 12 single
rotor helicopter are
•— £ * tn
,
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h(S) 92(S + .0560)[.183; 2.75]
= (8-10)
-6(S) S [-.0433; .380][.908; 1.05]
where the shorthand notation [^; w] = (S + 29w + w ) is
used in Reference 12 as a concise way of writing second
order Laplace factors.
Data showing the altitude to longitudinal control feed-
back are presented in Figures 8-13 through 8-16. Solving
for the closed loop characteristic polynomial shows that
the analog closed loop system is stable (see Figure 8-13).
The Routh criteria can be used to determine the stability
boundary of the system as shown in Figure 8-14. The root
locus plot, Figure 8-15, shows that the free S in the alti-
tude transfer function drives the already unstable "phugoid"
complex pair further into the right half plane for low
values of gain. The altitude transfer function complex
numerator does pull the unstable "phugoid 11 pair back into
the left half S plane for root locus gains greater than 0.3.
Although the closed loop system is stable, as shown in
Figures 8-13 and 8-14, the closed loop damping is very low.
Figure 8-16 shows the transient response to a unit input.
Basic altitude feedback is unsatisfactory, especially in
gusty conditions. Improving the damping of this transfer
function requires pulling the root loci from initially
starting toward the right to initially starting toward the
left. Since another complex pole is located just to the
left, it is difficult to change the initial direction of
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the root loci that travels into the right half plane. Alti-
tude hold augmentation may use an altitude rate signal.
Another option includes using pitch attitude feedback as an
inner loop of a simple altitude hold autopilot.
B. ALTITUDE HOLD AUTOPILOT
A simple altitude hold autopilot can be implemented by
feeding back altitude and pitch attitude. Only one control
point is used since both parameters are fed back to the
longitudinal control. Reference 12 discusses factors con-







Comparing pitch attitude and altitude shows that pitch
attitude should be used as the inner loop. Recall that
pitch attitude showed good single loop characteristics,
although some lead was required. Pitch attitude can be used
to increase bandwidth of any short period motion and can
also serve in other modes of an autopilot. A block diagram





Figure 8-17 Block Diagram for Altitude Hold Autopilot
recall G = gain or equalization, S = 6
,
and pitch
attitude to longitudinal cyclic control can be expressed as
A long
(8-11)

















The Figure 8-17 block diagram can be reduced to
A"
[5-]
^ + G fQ N,
Figure 8-18 Simplified Block Diagram for Altitude Hold System






where the denominator of equation 8-14 represents the closed
loop roots of the pitch attitude to longitudinal control at
a selected gain. The closed loop altitude transfer function
can be expressed as
3 6hG6eN 6
L + G 6eN
e
(8-13)
+ G 6h"69N 6
e —> 6
The closed loop pitch attitude roots are chosen at a gain
that drives the complex roots to the real axis. This im-
plies a higher gain and a higher crossover frequency for the
altitude hold autopilot. For an open loop root locus gain,
K^ = 0.4, the closed loop pitch attitude transfer function
roots are
T = - 2.5308
T^ = - 1.4723
T* = - 0.6138
T, = - 9.6975E-02
4
and the altitude hold transfer function becomes
*
.
G6eV S + VVjg + ^V^ii'V
(8 . 16)
h S(S + 1/T.)(S + 1/T,)(S + 1/T,)(S + 1/T.)
Recall from equation 8-9 that the altitude numerator (Refer-
ence 12) had the form:
N^ = * (S + 1/Th ) (S
2
+ 2fhWh + w
2
) (8-17)
Including lead (1/T = - .5), the altitude hold transfer
function becomes:




S(S + 2.531)(S + 1.472)(S + .614) (S + .097)
Root locus and Bode plots for the equation 8-19 altitude
hold transfer function are presented in Figures 8-19 and
8-20.
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IX. CONCLUSIONS AND RECOMMENDATIONS
A. CONCLUSIONS
This thesis reviewed the many aspects of helicopter
controllability. The review included helicopter develop-
ment, configurations, linearized equations of motion, sta-
bility characteristics, flight control systems, evaluation
techniques, and a generic simulation.
B. RECOMMENDATIONS
More emphasis should be placed on helicopter/rotor-
craft flying qualities and flight control system courses.
Rotorcraft flight control systems courses should touch on
the theoretical validity of current and proposed specifica-
tion requirements. Personal computer programs should be
developed to aid students in control system design, analy-
sis, and evaluation. A strong relationship should exist
between airframe (aerospace) and control system (electrical)
disciplines.
APPENDIX A. SUMMARY CHRONOLOGY OF HELICOPTER AFCS DEVELOPMENT
HELICOPTER STABILIZATION HISTORY
BELL HELICOPTER TEXTRON INTERNATIONAL (BHTI)
(Courtesy M. Murphy)
Date Aircraft System
1942 Bell Model 30 First flight with Bell Bar







coupler (fore-runner of HSL
autopilot)
Four axis automatic flight
control system (AFCS)
Hover Coupler (sonar ball and
cable angle) ; four axis AFCS
plus approach to hover and
hover coupler for transition
Three axis stability and con-
trol augmentation system (SCAS)









with the stabilizer bar off
Four axis AFCS plus hover coupler
Three axis AFCS
Three axis SCAS/force feel
Iranian model three axis AFCS
Three axis SCAS/force feel










Three axis AFCS (Sperry)
Three axis AFCS with FBW hori-
zontal stabilizer
Digital 3-axis SCAS
Four valve fly-by-wire (FBW)
Optical Control System
Survivable tail rotor
Triply redundant hybrid FBW
system (Boeing Vertol/Bell)
Digital 3-axis SCAS, Fail/
Operate-Fail/Safe
HELICOPTER FLIGHT CONTROL SYSTEMS DEVELOPMENT
HONEYWELL DEFENSE AVIONICS SYSTEMS DIVISION (DASD)
(Courtesy Carl Griffis)
Honeywell DASD (and under its former identity as part of
the Sperry Corporation) has been involved in helicopter
stabilization and flight control systems research, design
and production dating back to the 1940' s. Systems developed
and produced have ranged from simple 1, 2, and 3-axis sta-
bility augmentation systems to 4 and 5-axis simplex and
redundant automatic flight control systems with modes such
• automatic terrain following
• navigation
• automatic landing
• approach to hover
• hover hold
• sonar cable angle hold
• automatic formation flight
Implementations have been both analog and digital. A par-
tial listing of helicopters and VTOL aircraft types for
which Honeywell DASD or Sperry Flight Systems has supplied
flight control eguipment is listed below:
Sikorsky H-19, H-34, H-37, S-76
Boeing-Vertol Model 44, CH-21, CH-46, CH-47, 234
Lockheed AH-56
Bell UH-1, 204, 205, 212, 214, 222, 412, 400, 406, OH-58
Canadair CL-84
Hughes OH-6
McDonnell Douglas AH-64 , AV-S
HONEYWELL DEFENSE AVIONICS SYSTEMS DIVISION (DASD)
• Aerospatiale 341, 360, 365, 350, 355
• Agusta 109, 212, 412
• MBB 105, 117
Systems currently in production at DASD include the SCAS
for the OH-58D AHIP Scout Helicopter, DASE for the AH-64A
Apache Attack Helicopter, SAAHS for the AV-8 Harrier VTOL
Fighter Aircraft, and Drone Stabilization/Control Equipment
for the QH-55 Target Drone. A sister division, Avionics
Systems in Glendale, AZ
. ,
produces a variety of analog and
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APPENDIX B. MIL-H-8501 HANDLING QUALITIES SPECIFICATION SUMMARY
(From NAVAIRTESTCEN Notes)
Topic: Hover Handling Qualities
Paragraph Specification Requirement
Number
3.2.1 Margin of control power (longitudinal)
3.2.2 Longitudinal control for hover
3.2.10 Longitudinal stability characteristics
3.2.10.2 Longitudinal trim changes
3.3.2 Sideward flight
3.3.3 Lateral control for hover
3.3.4 Lateral hover control power
3.3.6 Yaw hover control power
3.3.17 Lateral trim change
3.4.1 Collective control for hover
3.4.2 Collective mechanical characteristics
3.4.3 Collective control forces
3.5.2 Ground turn-up without chocks
3.5.4 (all subparagraphs) Takeoff s and landing
3.6.1.2 Longitudinal Dynamic Stability (IFR)
3.7.1 Vibration
3.7.3 Mechanical instability
Flight Tests Required for Specification Compliance
1. Pilot effort in a hover
2. Vertical damping
3. Critical azimuth
4. Lateral flight from hover
5. Vertical takeoff s and landings
6. Running takeoff s and landings




Trim changes with power
10. Longitudinal hover dynamics
11. Lateral hover dynamics
12. Mechanical characteristics of collective
control system:




e. Control pump, freeplay
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APPENDIX B. MIL-H-8501 HANDLING QUALITIES SPECIFICATION SUMMARY
(From NAVAIRTESTCEN Notes)
Topic: Control Power, Control Effectiveness,
Control Sensitivity, Control Margin and Damping
Paragraph Specification Requirement
Number
3.2.1 Margin of control power (longitudinal)
3.2.9 Response delay time (longitudinal)
3.2.11.1 Maneuver Stability characteristics
3.2.12 Normal acceleration during maneuver
3.2.13 Longitudinal control power
3.2.14 Longitudinal damping
3.3.1 Margin of control power (lateral)
3.4.1 Directional control power
3.4.2 Critical azimuth
3.3.7 Directional control sensitivity
3.3.15 Lateral control effectiveness
3.3.16 Response delay time (lateral/directional)
3.3.18 Lateral control power
3.3.19 Lateral directional damping
3.6.1.1 IFR control power damping
Tests for Specification Compliance
Control effectiveness, delay time, maneuvering
characteristics
a. step inputs
Control sensitivity and damping
a. Control reversal technique
b. Hold for three seconds
APPENDIX B. MIL-H-8501 HANDLING QUALITIES SPECIFICATION SUMMARY
(From NAVAIRTESTCEN Notes)
Topic: Longitudinal Flying Qualities
Paragraph Specification Requirement
Number
3.2.1 Longitudinal control static margin
3.2.3 Longitudinal control forces at trim
3.2.4 Longitudinal control forces gradient
3.2.6 Longitudinal control forces
3.2.7 Breakout and friction
3.2.10 Static longitudinal control stability
3.2.10.2 Excessive longitudinal trim changes
3.2.11 Longitudinal dynamic stability
3.2.11.2 Gust response
3.5.9 (c and d) Control forces/stability ASE
3.5.10 Freeplay
3.5.11 Mechanical coupling
3.6.1.2 Longitudinal dynamic stability (IFR)
3.6.3 Static longitudinal force/position stability
(IFR)
Tests for Specification Compliance
1. Trimmed control position characteristics (level flight)
2. Trimmed control position characteristics (vertical
speed variation)
3. Static longitudinal stability
4. Long trim dynamic stability (long period oscillation)
5. Short term dynamic stability (gust response)
6. Short term dynamic stability (period determination)
7. Longitudinal control short term response
8. Control trim/force characteristics
APPENDIX B. MIL-H-8501 HANDLING QUALITIES SPECIFICATION SUMMARY
(From NAVAIRTESTCEN Notes)




Lateral and directional control forces at trim
Lateral control force characteristics
Directional control force characteristics
Breakout and friction
Transient coupling forces
Lateral trim change with power






Tests for Specification Compliance
1. Control force/trim characteristics
a. Trim capability and self centering
b. Control-jump
c. Lateral-directional control force
characteristics
2. Trimmed control position characteristics (level
flight)
3. Trimmed control position characteristics (vertical
speed variation)
4. Static lateral-directional stability
5. Cyclic only turns
6. Pedal only turns
7. Short term lateral and directional dynamics (gust
response)
8. Dynamic lateral-directional stability (Dutch roll)
9. Spiral Stability





















3.2.5 Quick stop and acceleration
3.2.11.1 Maneuvering Stability Characteristics
3.2.12 Normal acceleration response
Figure 1 Normal acceleration and pitch rate response
Tests for Specification Compliance
1. Turning maneuvering stability (constant power)
2. Turning maneuvering stability (constant altitude)
3. Sudden pull-ups
4. Steady pull-ups
5. Quick stops and accelerations
APPENDIX B. MIL-H-8501 HANDLING QUALITIES SPECIFICATION SUMMARY
(From NAVAIRTESTCEN Notes)
Topic: Sudden Engine Failure and Autorotation Entry
Paragraph Specification Requirement
Number
3.5.4.3 Autorotative landing at ground speeds up to 35 kt
3.5.4.4 Stopping distance
3.5.5 Autorotation entry and delay
3.5.5.1 Altitude changes following sudden power varia-
tions
3.5.6 Control forces during autorotation entry
3.5.7 Autorotative landings
Tests for Specification Compliance




2. Determination of attitude/altitude changes






3.5.1 Rotor engagement and disengagement
3.5.3 Droop stops
3.5.8 Boost failures
3.5.9 Stability augmentation failures
3.6.1 General Stability Reguirements
Tests for Specification Compliance






APPENDIX C. A CHRONOLOGY OF EVENTS LEADING TO MIL-F-87242
Courtesy Mr. D. Rubertus, Wright-Patterson AFB
Feb 1955 - MIL-F-9490 issued (6 Feb 55)
Mid 1955 - Amendment 1 to MIL-F-9490 issued
Aug 1957 - MIL-F-9490B issued (7 Aug 57)
Mid 1958 - Amendent 1 to Mil-F-9490B issued
Mar 1964 - MIL-F-9490C issued (13 Mar 64)
Mar 1966 - Amendment 1 to MIL-F-9490C issued
Jun 1972 - AFFDL contracted with Boeing/Wichita to prepare
a revision to MIL-F-9490C
Aug 1973 - AFFDL requested industry comments on MIL-F-9490D
(1st draft)
Mar 1974 - AFFDL requested industry comments on MIL-F-9490D
(2nd draft)
Aug 1974 - AIAA paper No. 74-914 "Impact of New MIL-F-
9490DRequirements on Future Flight Control Developments",
James L.Townsend, Boeing and Paul E. Blatt, AFFDL
Jan 1975 - Publication of AFFDL-TR-74-116 , BACKGROUND INFOR-
MATIONAND USER GUIDE FOR MIL-F-9490D, Flight Control Systems
- Design, Installation and Test of Piloted Aircraft, General
Specification for, January 1975, (DTIC No. AD A029074)
Jun 1975 - Publication of MI L-F-9 4 9 OD (USAF ) , MILI-
TARY SPECIFICATION: FLIGHT CONTROL SYSTEMS - DESIGN, INSTAL-
LATION AND TEST OF PILOTED AIRCRAFT, GENERAL SPECIFICATION
FOR, 6 June 1975
Aug 1975 - Deputy Secretary of Defense Memorandum
on Specifications/Standards Applications. Agencies are to
control blanket contractural imposition of
specifications/standards; tailor requirements to essential
operational needs (4 Aug 1975)
Nov 1976 - ASD designated Flight Control Systems as a Prime
Air Vehicle Specification (AFFDL/FG is the REO) ; Flying
Qualities of Piloted Aircraft as a Prime Air Vehicle Standard
(AFFDL/FG is the REO)
Apr 1977 - Publication of DOD Directive 4120.21, SPECIFICA-
TIONSAND STANDARDS APPLICATION, required procuring organiza-
tions to control, review, certify, and document the tailoring
of specifications and standards (9 April 1977)
Apr 1977 - Publication of AFFDL-TR-77-7 , VALIDATION OF
MIL-F-9490D- GENERAL SPECIFICATION FOR FLIGHT CONTROL SYSTEM
FOR PILOTED MILITARY AIRCRAFT, April 1977
VOL I: Summary of YF-17 and C-5A Validation
VOL II: YF-17 Lightweight Fighter Validation
VOL III: C-5A Heavy Logistics Transport Validation
Jul 1979 - AFFDL contracted with Northrop to prepare a
revision to MIL-F-9490D
Jan 1980 - Publication of AFFDL-TR-74-116 Sup. 1, APPENDIX
TO "BACKGROUND INFORMATION AND USER GUIDE FOR MIL-F-
9490D" AFFDL-TR-74-116 (DTIC No. AD094717)
Sep 1980 - AFWAL contracted with Northrop to upgrade MIL-F-
9490D to Flight Control System MIL-PRIME-Specification
May 1981 - MIL-F-9490E submitted; not released due to im-
pending conversion of MIL-F-9490D to a MIL-PRIME-Specif ica-
tion in 1982
Dec 1981 - AFWAL requested industry commments on draft FCS
PRIME Specification
Mar 1982 - Combined symposium on DESIGN CRITERIA FOR THE
FUTURE OF FLIGHT CONTROLS covering planned upgrades on
MIL-F-8785C and MIL-F-9490D to PRIME Standard and Specifica-
tion, respectively
Jul 1982 - Publication of AFWAL-TR-82-3064 , DESIGN CRITERIA
FOR THE FUTURE OF FLIGHT CONTROLS: Procedings of the Flight
Dynamics Laboratory Flying Qualities and Flight Control
Symposium 2-5 Mar 1982 (July 1982)
Dec 1984 - Publication of AFWAL-TR-84-3114 , PROPOSED MIL-
PRIMEFORMATTED FLIGHT CONTROL SYSTEM SPECIFICATION, December
1984
Dec 1984 - Transfer of responsibility for MIL-F-9490D and
the upgrade to MIL-PRIME-Specif ication from AFWAL/FIGL to
ASD/ENFTC
May 1985 - ASD mandated review of all MIL-PRIME-documents
by Aerospace Industry Association (AIA)
Jul 1985 - ASD submitted draft Flight Control System MIL-
PRIME-Specif ication to AIA for review
Mar 1986 - Approval of MIL-F-87242 (USAF) , MILITARY SPECIFI-
CATION FLIGHT CONTROL SYSTEM, GENERAL SPECIFICATION FOR, 31
Mar 1986
Mar 1986 - Decision to retain MIL-F-9490D as a military
specification as long as any aircraft built to its require-
ments remained in operational use
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